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FOREWCRD

Tzis document was prepared in compliance with the requirement for the
final report for National Aeronautics and Space Administration contract
S 7-124, "Propulsion Requirements for Soft landing in Extraterrestrial
Zavironments.®

ABSTRACT -y 6/
e

Volumes IIi and IIB, "Propulsion Requirements for Soft landing in Sxtra-
terrestrial Invirooments,™ present the analyses conducted under NASA
Contract NAS 7-12,. Landing trajectory concepts applicable to landings
on the moon, lars, Venus, Mercury and the Earth were analyzed to define
the required prorulsive maneuvers and to determine the optimum charace
teristics of propulsion systems for performance of these maneuvers.
felated investigations presented herein were conducted to determine
appropriate interplanetary trajectories upon which to base landing
analyses and to evaluate takeoff propulsion requirements.

HeTecl

ry

il P P L D R B V'




o

ROCKETDYNE

A DIVISION OF NORTM AMERICAN AVIATION. NG

TABLE OF GONTENTS - VOLUMS.ITA

FCOREWCRD
ABSTRACT
TABLE OF CONTENTS
INTRODUCTIOH
LANDING MISSION CONCEPTS
Factor Affecting landing Analysis
landing Maneuvers
Deceleration Methods
EARTH RETURN MISSIONS
Atnospheric Entry and Terminal Correction Requirements

Propulsive Earth Orbit Establishment and Departure Maneuvers

Earth Atmospheric Graze Mansuvers

Propulsive/Aerodynamic Deceleration for Direct Earth Landing

Earth Terminal Deceleration Phase Systems
EARTE-MARS MISSICHS

Mars Trajectory Selection

Terminal Corrections for Earth~Mars Trajectaries .

Propulsive Mars Orbit Establishment and Departure Maneuvers

Mars QOrbit Establishment Following an Atmospheric Graze
Propulsiva/Aerodynamic Braking Maneuver for Mars Entry
Mars Terminal Deceleration Pha.se Systems
Mars Propulsive Takeoff and Iandj.ng

14

FOoRts s06-8 (LEDGER) MV. §.B¢

5;::,...””._,'5;»”%’

B 8 § 4

BEEEEBEEE



RNROCKETDYMNE

A DIVIBION OF NORTM AMESICAN AVIATION. ING

Page

EARTH-VENUS MISSIONS 209
Trajectory Selection | 209
Terminal Corrections for Earth-Venus Trajectories - 209

Propulsive Venus Orbit Establishment and Departure Maneuvers 222

Venus Orbit Establishment Following an Atmospheric Graze 222
Propulsive/Aerodynemic Braking lﬁneuver for Venus Entry 229
Venus Terninal Deceleration Phase Systems 229
Venus Takeoff Propulsion Requirements 25
REFERENCES : _ | - 250

TABIE OF CONTENTS - VOLUME IIB

FOREWORD

ABSTRACT

TABLE OF CONTENTS

INTRODUCTION

LUNAR MISSIONS |
Initial and Midphase Maneuvers
landing and Takeoff Trajectories
Lunar landing and Tekeoff Propulsion Requiremsnts
Error Analysis for Lunar landing-from-Orbit Maneuver
Mission Abort - I |
Neer-Surface Translaticn -
Finsl Descent Husaofanmarhnd'ing
Touchdown Stability

Dans sne B £ bnivnt mew o~

EERBE8ReEw o wEwaw



.

ROCKETDYNE

A DIVISION OF NORTHM AMEMICAN AVIATION. ING

EARTH-MERCURY MISSIONS
Transfer Phase
Mercury Orb'it Estatlishment
Orbital Landing and Takeoff
Error Analysis for Mercury Landing-from-Orbit Mansuver

ENGINE PARAMETER OPTIMIZATION
Selection of Propulsion System Characteristics
Effect of Assumptions
Propulsion Parameters

REFERENCES

Fage
174

174
178

20l
216

216

220
223
242



ST

ER
0 .

g

ROCKETIDYNE

A DIVISION OF NORTH AMERICAN AVIATIONM. INC

e T

..' 'f?* .

INTRODUCTION

Presented in this volume are the analyses conducted and results obtained in
the study, "Propulsion Requirements for Soft Landing in Extraterrestrial
Enviromments." The study was performmed (1) to define the most suitable
landing concepts for landings on Mars, Venus, Mercury, Earth and the moon,
in order to specify the required propulsive phases, and (2) to determine the
optimum characteristics of propulsion systems for these propulsive phases.

Analysis of landings on these bodies entailed initially the selection of
appropriate transfer trajectories and consequent planetary arrival conditions;
these results provided the applicab.le initial conditions upon which to base
subsequent studies of landing maneuvers. The sequence of maneuvers camprising
an extraterrestrial landing operation was deperndent primarily on the presence
or absence of an atmosphere about the destination body. As a result, the
landing maneuver profiles were gqualitatively, though not quantitatively,
similar for the all-propulsive lunar and Mercury landings, and for the Earth,
Mars and Verus landings, which utilized the atmospheres of those bodies for a
major part of the required vehicle deceleration.

For a landing mission as defined in this study, the first in the chronological
sequence of propulsive and aerodynamic maneuvers considered for terrestrial
and extraterrestrial landing phase analyses was the propulsive terminal
correction utilized to establish the initial conditions required for safe
entry into a planetary atmosphere or deceleration into a prescribed plane-
tocentric circular orbit. This maneuver, in preference to earlier (e.g.,

~ midcourse correction) or later (e.g:, deceleration into orbit) maneuvers

was chosen, first, because it is essential to satisfactory performance of
any subsequent maneuvers, and secord, because it is the earliest maneuver
primarily influenced by the gravitational field of the destination planet.

Subsequeﬁt to the terminal correction, the maneuvers considered for planets

having atmospheres were: orbit-establisiment, with or without aerodynamic

drag providing a portion of the required deceleration; direct atmospheric
entry; and near-surface deceleration and maneuvering by means of parachute/
retrorocket systems. For Mercury and the moon, neither of which has an
atmosphere, the maneuvers of interest were direct landing, or alternatively,
orbit-establistment and landing-from-orbit, and propulsive near-surface

- translation and descent.

The basic results of the study were the definition of the propulsive maneuvers
associated with landings on each of the destination bodies, and specification
of the velocity requirements and optimum propulsion system parameters for
these maneuvers. . o
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LUNAR MISSIONS

INITIAL AND MTDPHASE MANEUVERS

The basic lunar landing mission is comprised ¢f three primary phases:
1) powered flight in the Vvicinity of Ezrth tc accelerate the vehicle
jnto an Earth-moon ccast trajectory, 2) coast to the vicinity of the
moon, and 3) propulsive deceleration to the surface of the moon. The
mission is illustrated in Figure 1 . The use of separate propulsion
svsteris for Earth-vicinity and lunar-vicinily maneuvers appears to be
best suited to the recuirenerts of the mission; as a result, propulsion
systems for the lanéing phase can be evaluzted separately. However,
the Farth phase and :he resuliant coast chase affect lunar arrival
conditions and therefore must be analrzed as part of a Iunar landing
investigation.

Effect of Earth Phase on Iunar Arrival

During the Earth powered-flight phase, the vehicle is accelerated to the
energy level necessary to enter the selected Zarth-moon coast trajectory.
Either direct or Earth-orbital departure can be enployed; the lunar
arrival is not affected by the type of Earth departure. The lunar vicinity
trajectory and landing maneuvers are determired only by the position and
velocity of the vehicle as it approaches the moon. '

The velocity generated cdurirg the Earth-departure phase governs the duration
of the coast phase ard the vehicle velocity at lunar arrival. Transit time
can be substantially reduced (from the approximate 5-day duration corres-
pording to a near minimum-energy transfer) bty the addition of a rather
modest velocity increment cdurirg the Earth-vicinity powered phase; the
resulting arrival velocity, however, increases as transit time is reduced
and thereby increases landing maneuver propulsion requirements.

To analyze the launch ccnditions that will enable the vehicle to intercept
the moon, it is necessary to examine the Earth-moon orientation. The

" plane of the moon's path around the bary center (the camon center of mass

of the Earth-moon system) is inclined 5.15 degrees to the ecliptic; the
axis has a 19-year precession period. The plane of the axial rotation of
the Earth (equatorial plane) in inclined 23.45 degrees to the ecliptic.
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Although the axis of the Earth precesses, the rate Ic s> small

equatorial plane orientatien can ‘e criiTied te he oot Troen

! / LEARTH-gscAPE
POWERED- FLIGNT PHASE

{ |
SN —

Figure 1 . Division of the Earth~-to-Moon Trajectory

the relative angle between the equatorial plane and the lunar plane varies
from aporoximately 28.6 to 18.3 degrees in a 9.5-year period.

To accomplish a direct (i.e., no Earth-orbit) Earth-to-moon transfer, the
vehicle is injected from the launch point into a plane (geocentric) that
intersects the lunar plane. For an eastward Cape Canaveral launch,
illustrated by point L in Figure 2 , the vehicle is in a plane inclined
28.5 degrees to the equatorial plane. With the moon at M at vehicle arrival,
the central flight angle is (Y.), which is the total geocentric angle tra-
versed during Earth powered-flight and Earth-to-moon coast. (As the vehicle
approaches the moon, it will be perturbed from the geocentric coast ellipse
assumed in the study. However, for propulsion analysis, this effect is not
significant.)

Caused by Earth rotation, the line of intersection between a potenmtial
geocentric transfer plane (inclined 28.5 degrees to the equatorial plame)
and the lunar orbital plane rotates through 360 degrees daily. As a result,
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once a cay the transfer plane includes the moon regardless of the moon's
orbital position. Kowever, as the moon traverses its 27-day orbit around
the Earth, the centrzl angle at intersection changes, and since central
angle sitrongly affects departure and arrival velocities, during each
month a m®nimm-propulsion transfer trajectory existse.

A vehicle which enters Earth orbit prior to injecting into a lunar transfer
trajectory gains an advantage of central angle flexibility not available to
a direct-flight vehicle. As a result, a m‘nimum propulsion trip can be
initijated once daily, as compared to once monthly for direct missions. For
example, the vehicle depicted in Figure 2 could reduce propulsion require-
ments (znd extend trip duration) by coasting 270 degrees in Earth orbit
tefore prorelling itself irto its transfer trajectory. The trajectory would
then approximate a Hotmann transfer instead of the 90 degree central-angle
trajectory shown.

Coast Phase

Analysis of Earth-moon coast phase trajectories based on geocentric conic
sections (ellivse, parabola, hyperbola) indicate the variations of departure
and arrival velocities with transit time. A near minimm-energy, maximum-
duration trajectory has a iransfer time of approximately 5 days. As Earth-
departure velocity increases, trip time decreases; for a geoceniric escape
trajectery, lunar intercert occurs at approximately 2.1 days. Trip times
less thar 2.1 dars are along geocentric hyperbolic paths (Figure 3 ).

Figure 3 tends to indicate that a conic-section velocity error introduced
at the Earth would not necessarily prevent a lunar intercept. If excessive
velocity were added in the Earth propulsion phase, a shorter trip time

would result, and intercept with the mocn would be made at an earlier point
in the orbit of the moon (and vice versa). However, as Figure 2 shows,
the geometry of the Earth-moon system is such that the transfer orbit plane
is inclired to the orbit plane of the moon, so the vehicle orbit and the
orbit of the moon are not coplanar. Thus a faster or slower trip could
pass above or below the moon so that the self-focusing effect is diminished.

Different Earth-lunar trajectories, resulting from variations in launch

date, trip time and injection velocity vector, can result in differemt
selenocentric planes at lunar arrival, By selection of the lunar transfer
destination position, a desired lunar plane can bte achieved. This selection
(i.e., the agpropriate correction) can be made in the Earth phase trajectory,
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or a midcourse correction as shown in Figure ki can be useds The
zestmption that the %task of directing the vehicle to the proper lunar
rbital plane will *e relegated to an Earth-vicinity or midphase pro-
rulsion syste: remcves the reguiremeni for plane-change capability in
the lunar landing crerulsion system; as a result, rlane-change was not
sorsidered in lardins znalyses. A final plane change can be made after
a lunar orbit is estztlished. The velocity requirements, shown in Figure

S , for suct z mcreuver are substantially higher than for earlier
cerrections; hewever, ihe accuracy of the lunar trajectory should pre-
clude a rlane-chanze rexuirement for most cases.

Figmwe 3 . Earth-to-Moon Geocentric Conic-Section Trajectories

Lxnar Midcourse Corrections

Tke lunar missicr é:ffers from other space missions in that the transit
time is approximatel;r three days centrasting to transit times of a
tndred days or more for other space missions. Since the dynamics of |
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Farth-moon space are well defined and the distznce involved is an order
of mzgnitude less than that of irterplaretzary missiens, the trajectory
can be contreolled with ceonsiderable accuracy.

The need for midcourse corrections emanates from the inherent errors
existing in the booster guidance ard prepulsion systems. If left
uncerrected, these errors could cause the vehicle to miss its rendezvous
roint at the mocn by several thousand miles. Kumerous analyses have
beer performed by various members of trhe zerospace irdustry in connection
7ith programs such as Arocllo, Surveyor zrd Ranger to determine the mid-
c-urse correction requirenents for varicus lunar missions. Similar
analyses, ccnducted at Rocketdime under XASA cerntract NAS 7-88, "Space
Trensfer Phase Propulsicn Systems," are cescribed in Reference 1 .
These arnalyses have primarily employed linear perturbation techniques
with a fixed-time-of-arrival at the moon. The objective of the midcourse
corrections is to return the vehicle tc its irtended trajectory prior to
arrivirg at the moon.

These analyses have yielded the result thet sufficient accuracy can be
obtained with a midcourse correction scheme employing three maneuvers

(See Figure 6 ). The first correction is arrlied as soon as the tra-
jectory can be accurately determined from trzcking data; the secord is
aprlied scmetime before arriving at the aix point to cancel the propulsion
and tracking errors of the first correction; the third correction is
arplied at the aim point to alter the velociiy of the vehicle to match
that of the intended trajectory. Eesults of these analyses (based on
+:pical injection errors of 1 nmi in position and 10 ft/sec in velocity
and includirg errors in midccurse positicn, guidance and execution accuracy)
have shown that the total midcourse velocity recuirements for a 0.99 prob-
ability of success are less than 200 ft/sec while the RMS error existing
at the aim roint is less than 5 nmi in rosition and 0.5 fps in velocity.
For a missicn which includes a rtropulsive vhase to establish a lunar orbit,
this accuracy is sufficient; however, for missions that involve circum-
navigating the moon, further corrections will most likely be required to
improve the trajectory accuracy. Results presented in Reference 31
indicate that these terminal corrections are approximately a few feet

per secornd.

Tunar Miesion Selection

The approximate magnitude of the propulsion requirements for a trip from
the Earth to the moon is stown in Figure 7 . The ideal velocity reguire-
ment is divided into three parts. The first is the Earth-propulsion phase
requirement, and the ide2l velocities indicated are typical of conventional
chemical systems. The vertical distance to the next curve represents the

Frouy «-a.8 {LEDGER) REV_1-58




r—— e

ROCKETDYNE

G DIVISION OF NORTH AMERICAN AVIATION. INC

e s e
!

loon's Or‘éﬁ\

Terrminal Correetien

Second lidcourse
Correction

Actual Trajectory

. Standard Traj’ecidry o

4

A\ F:Lrst l-ﬁdc

ourse Cox'réctimi -

Figure 6 < Midcourse Correction Scheme



3T
LEE.
. m )
=
Ht I 1ﬁ 1] 1.4”.? " H a8 .n H uw.. 5
H gsa 4 H 4 44444 H - - - 414 444 111 % 1 H-1 11+ 111448 H 4 -4
s I 2 -9 L ey » 44 - . . 13 '1 l“L = -+ 44
T 11t T & T H R K P 1 w ?“ s
sgnfigs s ] HTHHIHT ; : o il 4 T
4” A 1o 11 s
P HHHE L
444 +4-4-44 44 s ﬁx +4- 14 o.vA . 44 Omu o { & 44
1.. n A
i "
¢ £ 4 T
| g G G
» ﬂ 1m E=¥ It .
: - ] 14 zqd. o .m THHH-
+1 11 4 2 1 4 -4 i L L] .& nLﬁL 4414 e’
R R HH I HH T L H e HE] & 1= [iA m
ug g g Bddons dasgifndfigiiagsys 458 ! H .
T T THT OTH pgae . .
(1111 a8 UL HHE HHHR L
sesiaggqsas HEIHR H 3: H [ P
J3444 1 1 HILE - - b | 48 ans H m
sadsegus S0Rfade HN -m nOu
nee § H m
asamgass Th e
suaggsdesd dnagies T o a M
snshgig r [T 8 & [ L1111 H gean o 7
-1+ -4 -4 1 3 4 - 1 23y S3sRddads Ssaddineal I8R5
H rireh avdfddiiseeag s t
1T T I r T neganges
gauadfdaonshony pRAAEFRAA a4 I b L
FHHEHH T H T Sagaedgingd . .A Aj 1L \. 2 4 ﬁILl N €7
11 11 [1iLr Shglie 1 aqdp s AL T RHA BT E HR T HHT
01 1314 HHITHHH ] TTEHH T [ - s JH T \L\ 3 44
% SRETsRasRaReSaRRILREIIIANGLLEE H TR L : I T
HT HIBHH R 1y ? ‘.1.‘} ﬁ.nf\ 11 TTWFL.T ! F T - ], vt
g aus
11 b
F1133% Lo 1T s -
Sapas aap -
spbud FRaY s
froo sy T
F+1rm .

(=} (= : o
7. 6 5

01 X 098/3] ‘juswadu] A3100[9A 1eap]

40 -

m.l

26




RNROCKETDYINE

A DIVISION OF NORTH AMERICAN AVIATION. INC

lunar orbit-establistment velocity recuirement, and the third curve adds

a constant velocity for landing from lunar orbit. The latter two velocity
recuirements shown are predicated on impulsive (instantareous) velocity
chances. (In prepulsion system studies presented later, the variation of
velocity requirements with thrust-to-weight ratio is ccrsiderec).

For transfer times shorter than 2.0 dars, the Earth-rhase velocity increases
rapidly (Figure 7 ), while for times longer than 2.0 days, the Earth-phase
velocity is practically constant. The velocity of the vehicle, and there-
fore the lunar-phase velocity recuirement as it enters tke lunar gravity
field, increases rapidly with the shorter transfer-time trajectories.

For lunar missions, the longer trip is beneficial to the gross payload
capabilities of the vehicle because the lower velocity requirements result
in less propellart censumption. However, consicderation must be given to
the effects of trip time on other parameters. For example, life support
system weights increase aovpreximately linearly with trip time for durations
encountered in typical lunar missions. ’

Another factor causing reduction of the net payload is the radiation shield
requirement for marned, and other radiztion-sensitive, rayloads. More
shielding may be recuired as the trip time is increased. First, the con-
fidence level of solar flare predictability decreases as the trip duration
increases. Second, the probability of encountering a larger flare during
flight increases as the flight time is externced. Preliminary analysis was
conducted to examire the trip time with respect to shieldirg and life support
equipment, and the results indicate that skield recuirements cammot be
cefined with sufficient clarity to provide a precise value of optimum trip
time. Review of available shield and life suprort information {see, for
example, Reference 2 ), together with the propulsion requirements,
indicates trips in the 2- to 3-day renge are suitable for lunar missions.
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IANDING AND TAKEOFF TRAJECTORIES

Various trajectory concepts exist for soft landing a vehicle from an
Earth-moon coast trajectory. Three of these, the direct vertical,
direct nonvertical, and the intermediate-orbit type, are illustrated
in Figure 8 . Other landing trajectory concepts exist; those
presented, however, provide sufficient basis for evaluation of pro-
pulsion requirements and illustrate the effect of landing method on
propulsion parameters and vehicle capabilities.

The direct vertical landing trajectory (Type A) incurs larger gravity
losses than do the direct nonvertical (Types B and C) or intermediate
orbit (Type D) trajectories. This effect is demonstrated in Figure 9
by a comparison of ideal velocities for landings frcm a 2.0-day
Earth-moon transfer. The effect of trip time on veloclty requirements
is illustrated in Figure 10.

Because of improved site selection and abort capability, the intermediate
orbit landing trajectory is far more flexible than a direct landing

for either a manned or unmanned soft-lunar landing mission. The wvelocity
requirements are only very slightly greater than for the minimum-velocity
direct landing trajectory (Type C). As a result, the intermediate orbit

landing mode is utilized in the major portion of lunmar landing analysis,.

Orbit Establishment

In the intermediate orbit landing concept, a propulsion maneuver is
first used to establish a lumar orbit. Thrust is aligned antiparallel
to velocity to provide a near-optimum maneuver.

The velocity requirements for lunar orbit establishment are determined
by trip time, orbit height, propulsion-system specific impulse, and
thrust-to-weight ratio, These effects are shown in Figures 11,12, and 13,

For the two-day lunar transfer selected as an exarple, it is evident
that the orbit establishment velocity requirement is relatively
constant when initial thrust-to-Earth weight ratio exceeds 0.3.

Landing from Orbit

Two methods of landing from lunar orbit are described below, The
first technique (PAW) employs a single, contimmous propulsive phase
while the second type (ICP) utilizes two powered phases separated
by a coast :Ln‘l'.erval.



® )

P

ROCKEITIDYNE

A DIVISION OF NORTHM AMERICAN AVIATION. INC

———— Power
=-— —=— Coast

Type A: Direct Lunar Landing (Vertical)

Type B: Direct Lunar Landing (Thrust
Perpendicular to Radius
then Thrust Vertical)

Type C: Direct Lunar Landing (Thrust
. Opposing Velocity)

- Type D: Indirect Iunar Landing ,/,/’
(Thrust Opposing Velocity) . !
'y
AR
\

Figare 8., Lmar landing Trajectories
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Contimious Powered (PAY), For descent by this technique, retrothrust
is initiated in the intermediate lunmar orbit and contimes until the
vehicle reaches zero velocity at the lunzr surface, The thrust and
thrust attitude during descent must be comratible with the orbit height,
or the constraints that altitude and velocity reach zero simltaneously
cannot be satisfied by a constant-thrust rropulsion system.

For PAW trajectories, results indicate that only a narrow band of
initial thrust-to-weight ratios can be used effectively for decelera-
tion from a particular orbit altitude. Thrust-to-weight ratios which
are too high result in the vehicle reaching zero velocity before

tke lunar surface is reached. Thrust-to-weight ratios which are too
low aliow the wehicle to descend to the surface before the retro-
thrust can reduce the velocity to zero. Twc points are indicated on
Figure 1l for comtimous-powered landirgs frem a 50-n mi orbit., The
restriction to low values of thrust-to-weizht ratio (imposed by the
high orbit altitude) resulits in high idezl velocity requirements,

PAW trajectories other than the thrust-zniiparallel-to-velocity
mansuver considered here micht be used to increase the applicable
range of thrust-to-weight ratios; however, these trajectories further
increase ideal velocity requirements, The tropulsion requirements for
the low-thrust PAW trajectories and ejuivelent low thrust Intermediate
Coast Phase trajectories (described below) are very similar, as
indicated by the fact that the selected points lie on the ICP trajectory
velocity requirement curves. ' '

Intermediate Coast Phase (ICP), The Intermediate Coast Phase trajectory
is characterized by two propulsive z-pliczticns separated by a coast
interval. TFor optimum execution of this type of descent, a short
propulsion phase (small velocity incremsnt) is used to transform the
initial circular orbit to a2 low-periapsis ellipse, The coast phase
follows until the vehicle has descended to the trajectory periapsis
(i.es, 180 degrees coast). The prorulsion system is then reigmited
and reduces the velocity to zero at the lumar surface. During the
final propulsion phase, mmmerous thrust orientations can be used;
thrust antiparallel to velocity is near optimum and is therefore
employed in the analysis presented,

A coast interval of approximately 180 degrees yields the minimum propul-
sion requirement for orbital descent, and was therefore selected as a
characteristic of the preferred ICP landing trajectory. ICP trajectories

utilizing lesser angular travels are describved in detail in Reference 3 3

A significant result obtained is that for thrust-to-weight ratios of
interest; there is little change in propulsion requirements for angular
travels between 30 and 180 degrees.

-
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Lunar landing-from-orbit veloc:.t.y requlrements are shown in Figure 1k
for two orbit heights (50 n mi and 300 n mi)., For ICP trajectories,
use of thrust-to-(Earth) weight ratios greater than 1.0 causes little
decrease in ideal velocity requirement; however, for thrust-to-(Earth)
weight ratios below O.L, ideal velocity requirements increase rapidly
as thrust-to-weight ratio is decreased., In Figure 1k, the velocity
requirements are lower for the low specific i e system because,
for a given initial thrust-to-weight ratio (F/W), the average F/W
during the landing is higher due to more rapid propellant consumption,
The reduction of velocity requirements with increasing F/W results
from reduction of gravity losses which in turn is due to the shorter
powered flight times at the higher F/W values.

To achieve touchdown at a particular location, the pericynthion shounld
be located a few degrees before the selected landing site. At the
pericythion, the landing vehicle applies retrothrust antiparallel to
the velocity vector. This descent trajectory is followed until the
vehicle is a few thousand feet above the lunar surface and descending
almost vertically with a small velocity. Then the final translation/
descent is accomplished,

In a thrust opposing and parallel-to-velocity descent, the F/W ratio
and the pericynthion altitude are related to the landing trajectory
shape. The pericynthion altitude (PCA) must be increased as F/W is
reduced; this is caused by the longer powered flight time required to
reduce the vehicle energy at low thrust levels, The increase in ideal
velocity increments for descent-from-pericynthion maneuvers as the
F/W decreases is caused by additional gravity losses,

The variation in PCA with F/W at the start of descent from circular
orbit is shown in Figure o ILunar topography limits the PCA to
values greater than approximately 30,000 feet, corresponding to a FAW '
(Earth) of 0.65 or less at the beginning of the descent-from-pericynthion
phase, For a well-reconnoitered landing area, the permissable PCA

may be less than 30,000 feet but other considerations do not make the
lower altitudes attractive, However, since performance optima generally
occur in the 0,5 F/W range, the above criteria are satisfied by peri-
cynthion altitude of approximately 50,000 feet. P

As PCA (hy) decreases with increasing F/W, the angular dzstance from
pericynthion to the horizon (8,) decreases; but the.central angle (O)
subtended by the descent trajectory also decreases with increasing F/W.
The difference between these two angles indicates how far below the
horizon (angularly) the landing site is at the initiation of the descent
maneuver, These values, plotted in Figure 16, indicate that the landing

2
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site is always below the horizon from the pericynthion point, This

may present some problems if it were desired to mazke optical or radar
contact with the site prior to initiating the descent maneuver, However,
the shape of the descent trajectory is such that the landing site comes
into view in less than 30 seconds after thrust initiation (the entire
descent t0 the hover point takes roughly five minutes).

The thrust opposing-and-paralliel-to-~velocity method, and two altermative
means of thrust vector programming for the descent-from-pericynthion
maneuver are shown in Figure 17. To simplify guidance requiremenis,
the thrust may be directed parallel to the horizon until the flight

path becomes vertical. At this point the thrust vector may be directed
straight upward. A vehicle flight with this thrust program was
similated from a pericynthion altitude of 100,000 feet, For a common
reference vehicle, the resultant zgrload was 40,5000 pounds compared to
the 72,000 pounds of payload ovtained using the thrust antiparallel

{0 velocity maneuver,

Another method of descending from a given pericynthion is to zprly a
thrust greater than that which would be required to reduce the velocity

to zero at the originally specified hover point, This would result in
increasing the increment required during the descent/translation phase,
Using impulsive thrust at a 50,000-foot pericynthion, the overall velocity
increment (including impulsive brzking afier free fall to the surface)

was found to be 6250 ft/sec compared to 5720 ft/sec when a ‘hrust anti-
parallel to velocity maneuver was used to descend from that sazme altitude.

Landing Trajectory Review

Because of greater ideal velocity requirements, the direct vertical
landing has a lower payload carability than the direct nonvertical
landing or the intermediate orbitzl landing. A more serious disadvantage
of the vertical trajectory is the fact tkat, shoulc the propulsion system
fail to ignite at the prescribed time, a collision with the lunzar surface
is inevitable; this maneuver was therefore disqualified from further
consideration for manned missions,

Both the orbital and direct nonvertical maneuvers may be planned so that
in the event of failure of the propulsion system to ignite, the vehicle
does not impact the lunar surface but instead returns to Earth along a
circumlunar trajectory. The choice of landing sites is restricted for
the direct landing, while the orbital landing allows touchdown at any
point on the lunar surface below the parking orbit. Two further advantages
of the orbital approach are that it uses techniques developed by assumed
previous nonlanding flights, and that it allows reconnaisance of the
landing site. A disadvantage of the selected intermediate orbit trajectory
is that it requires two addition2l propulsicn system starts.

2
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Oppesed and Parallel; High Thrust/Weight

Horizontal Retrothrust

Figure 17 . Alternate Thrust Programs for Descent from Pericynthioﬁ
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Review of various landing maneuvers (such as those shown) indicates that
the use of a lunar parking orbit as an intermediate phase of the landing
trajectory is probably the most desirable method for manned (ard most
urmanned) missions. Recause of similar trajectory shapes, a descent-from-
orbit trajectory, when combined with an orbit-establisiment maneuver (based
on the F/W existing at the beginning of each phase) is very similar in
velocity requirements and optimum F/W to an optimized direct nonvertical
trajectory. Though the analrses of landing-from-orbit maneuvers presented
are based on an elliptical descernt trajectery in which the ellipse is
tangent (2t 2poapsis) to the original parking orbit, alternatives such as
descent via an ellipse wheose period matches the parking orbit period are
vossible; this might be applicable to specific missions such as one in
which the descent vehicle has separated from a parent vehicle which remains
in the initial circular parking orbit. Variations of this type have only
rmoderate effect on propulsion system velccity requirements ard practically
no effect on thrust level selection. ' .

Takeoff Maneuvers

Takecff~to-orbit maneuvers exhibit a velocity requirement vs F/¥ tremd
similar to the landing meneuvers. For takeoff using a direct naneuver,
vhere the vehicle leaves the lunar surface and enters a moorn-Earth coast
trajectory in one propulsior phase, the vehicle first makes a short vertical
rise, then turns downrange anc enters a thrust-parallel-to-velocity maneuver
which continues until vekicle velocity is sufficient for the vehicle to
enter the desired mocn-Farth coast trajectors. The angle through which the
vehicle turns before entering the thrust-parzllel-to-velocity maneuver is
adjusted such that the vehicle is moving nearly horizontally at the end of
the tareoff mareuver. The velocity requirements for the direct maneuver are
shown in Figure 18 .

For the indirect takeoff maneuver, the vehicle establishes a lunar parking
orbit prior to achieving the velocity necessary for the moon-Earth transfer
trajectory. To establish the parking orbit, the vehicle performs a short
verticzl ascent, then a downrange turn followed by a thrust-parallel-to-
velocity maneuver until 2 coast to the prescribed orbit altitude can be
achieved. Restart is reguired for injection into orbit. Iunar orbit
establishment velocity reguirements are shown in Figure 19 . After coast-
ing in orbit to the correct position for the return trajectory, a final
propulsion phase using a thrust-parallel-to-velocity maneuver accelerates
the vehicle from its parking orbit to the velocity necessary to enter the
moon-Earth coast trajectory; velocity requirements for this maneuver are
shovm in Figure 20 and 21 .
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Figure 21, Ideal Velocity Requirement for Departure from Lunar Orbit to
Earth-Moon Coast Trajectory versus Barth-Moon Transfer Time.
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A comparison of the velocity requirements for the two types of Earth-return
maneuvers (direct and intermmediate-orbit) are presented in Figure 22 . The
curves demounstrate 2 very similar profile of velocity requirement vs thrust-

to-weight ratio.

The indirect trajectory requires a slightly greater velocity

increment; selection of a lower parking orbit altitude would, however, reduce
the indirect mission velocity regquirements tc values closer to the direct

nmission valaes.
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LUNAR LANDING AND TAKE-CFF PRCPULSION REQUIREMENTS

Two primary methods of. performing a lunar landing mission are the

direct mode, in which the entire transfer vehicle (minus propellant
expended during the landing maneuver) descends %o the lunar surface,

and the orbital rendezvous mode, in which the Earth-return propulsion.
system is left in lunar orbit while only the paylead and descent/ascent
propulsion systems reach the surface. The propulsion requirements for
both the direct and orbital-rendezvcus mission propulsive maneuvers were
investigated to determine velocity requirements for each of these landing
modes and to evaluate the effect on payload of variation of system
parameters.

The rendezvous mission technique offers the advantage of greater ef=-
ficiency (i.e., more payload per unit weight of the transfer vehicle),

but this advantage is realized only if the combination of landing site

and stay-time is such that significant plane-changes by the ascent

vehicle and/cr the parent vehicle are avoided.# To obtain complete land=
ing site and stay-time flexibility, with minimum velocity penalties,

which is a requiremeni of later-generation lunar vehicles, the direct
landing mode may be superior, The orbital-rendezvous system can avoid
plane changes only by utilizing stay-times which are some integral mule
tiple of half lunar cycles; situations may exist in which this restriction
might not be feasible,

The analyses of propulsion requirements have in part been based on vehicles
of the Apollo size or Saturn C-f capability; the treatment is parametric
and the results presented are applicable to future vehicles of larger sizes,

# The extremes of possible situations, neglecting the inclination of
the lunar plane, are: (1) an orbit in the lunar plane in conjunction
with any lunar-plane landing site and stay-time; in this instance,
the orbital plane of the parent vehicle alwsys includes the landing
vehicle and the Earth, and no plane changes are required. Or (2) the
polar orbit in conjunction with one of the two possible lunar plane
landing sites, and approximately a 7-day stay time., For this, the
take-cff vehicle requires a 90-cdegree plane-change to return to the
parent vehicle, and then the parent vehicle requires a 90-degree
plane-~change to return to Earth,
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Direct Mission

Mission Profile, The mission profile for a (manned) direct lunar mission
has the following sequence of maneuverss

1. Lunar orbit~establishment Or, Direct landing from
2. Lunar landing-from-orbit transfer trajectory
3. Lunar takeoff-to-Earth transfer

The total velocity requirement of the landing system analyzed is the

sum of veleccity aicditions (chronolqgically) for midcourse correction

{ ~ 150 ft/secg, circular orbit estatlishment (A~ 3200 ft/sec), orbit
eccentricity chznge (~ 60 fi/sec), velocity cancellation (~~5700 ft/sec),
and hovering/translation (from 200 to 1000 ft/sec)., In addition, a pro=-
pellant reserve equivalent to approximately 300 ft/sec ( ~ 3 percent) is
included, Thus, the overall velocity requirement is between 9500 £t/sec
and 10,500 ft/sec. '

Parametric Siage Analysis, The paylcad capability of a high energy,
cryogenic propellant lunar landing stage is presented parametrically in
Figure 23, based on a 90,000-pound vehicle gross weight. Propellant
fraction is determined by stage design characteristics, and is strongly
influenced by the type of feed sysiem chcsen for use in the landing stage

propulsion systen. :

For an Earth-return payload of 9000 pounds, resulis presented in Figures 24
and 26 indicate the takeoff gross weight required as a function of pro-
pellant fraction, specific impulse anc velccity requirement of cryogenic
and noncrycgenic systems respectively. The allowable gross weight of the
lunar takeoff stage is the landing stage payload. It should be noted that
the insulation and shielding associated with the takeoff propulsion system
might be jettiscned at the start of the Barth-return phase; this resultis
in a gross tzkeoff weight smaller than the paylcad cariginally landed.

For a reference gross weight of 90,000 pounds (the Saturn Ce5 escape payload)
and a 9000-pound Earth-return payload, various propulsion systems which could
be used for lunar landing and Earth return phase were investlgated. For am
02/}!2 pressure-fed landing sysiem, design studies have indicated that for
the stage size considered, a propellant fraction of 0.79 is representative
and for a pump-fed system, the approximate value is 0.85, For a pressure-
fed, noncryogenic (Np0},/50-50) propellant takeoff propulsion system. '
liminary designs have yielded propellant fractions of 0.88. For these

35
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systems, the accepiable combinaticns of landing and takeclf propulsion
srsiems, within the assumed restrictions,are indicated in Figure 26 .

Thrust Lavel Selection. The selection of thrust level for lunar landing
and taxeoif is governmed by many factors, including propellani combination,
lan&ng trajectory, and vehicle engine and tank weights. Selection of the
optimua thrust level for a space vehicle is governed principally by the
exchange tetween velocity requirements and propellant dependent weights
(each of which decreases as thrust-to-weight ratio increzses) and engine
and +thrust structure weights (which decrease a2s thrusi-to-weight ratio
decreases).

arious trajectory concepts exist for soft landing a vehicle on the lun-
ar surfzce, as illustrated in Figure 8 . The intermediate orbit landing
has velocity reguirements very similar to the direct nenvertical landinge
*rom 2 site selection and abort capability stiandpoini, tre intermediate
orbit landing trajectory is more flexible than a direct landing. It was
trerefore used in the znalysis of the effect of varicus vehicle parameters
on thrust level selection. The difference between paylozd and opiimum
thrust=to-weight ratios for a vehicle using a direct vertical landing and
an intermediate orbital landing vehicle is illustrated in Figure 27 .

For thrust level opiimization studies, the propulsion system inert weight
can be reasonably characterized by three factors: (1) a fixed weight
factor, (2) a thrust dependent weight factor, and (3) 2 propellant depend=
ent weight factor. The effects of these factors on optimum vehicle thruste
to-weight for 2 single stage which performs the entire landing maneuver
ave illustrated in Figures 28 ,29,30, and 31 , beginning fron the lunar

"aporoach path resulting from a 2.6-day Zarth-moon mission,

Since the duration of the hover-iranslation phase required near the lunar
surface carnot be ascertained precisely, Figure 31 is presented to show,
by comparison to Figure 29 the effect of hovering AV on optimm thrust-
to-weight ratio, A 1000-fit/sec hovering AV is included in Figure 29

waile no hovering A V is included in Figure 31, The effects of two

other factors which influence optimum thrugst-to-weight ratio are illustrated
in Figures 32 and 33 . The effect of specific impulse is indicated in
Figure 32 . The effect of Earth-moon coast trajectory transfer time is
indicated in Figure 33 . Thrust level selection for any mission considered
is also affected by the interstage weight changes accompanying thrust level
variations, ' -
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This effect (somewhat amplified because of a relatively high assumed
value of interstage structure weight/inch) is illustrated in Figure
for the lunar landing mission.

It is evident from the figures presented that fixed weight, tank weight,
hovering AV, transfer time, interstage weight, and specific impulse are
311 factors which do not in general strongly influence thrust level
selection. Fixed weight does not affect cptimum thrust-to-weight ratio.
As the propellant dependent weight factor increases, optimum thrusti-to-
weight ratio increases, Increase of the hovering AV allowance decreases
optimum thrust-to-weight ratio slightly. As Earth-moon iransfer time
increases, the optimum lunar landing thrust-io-weight ratio increases,
An increase in the specific weight of interstage structure decreases
optirum thrust-io-weight ratio while an increase in specific impulse
causes an increase in optimun thrust-to-weight ratio,

The effect of thrust dependent weight factor on optimum thrust-to-weight
ratio is shown in Figure 35 as determined from the loci of optimmm
points of Figures 28 to 31 . Optimum thrust~to-weight ratio decreases
from 0,175 when the thrust-dependent weight factor is 0.02 1b/1b thrust
to 2.3 whenthe thrust-dependent weight factor is 0.06., A wide range of
thrust-dependent weights must ve considered since redundant systiems may
be employed, and the degree of engine redundancy strongly affects engine.
weight factor,

Fortunately, since there are so many variables which should be considered,
the penalty for operation at an off-optimum thrust level is not severe.
For example, from the 420 specific impulse curve of Figure 32 , it is
evident that vehicle gross weights within 1 percent of the minimum (which
occurs at a thrust-to-weight ratio of 0.3L) can be achieved with thruste
4o-weight raticefrom 0.22 to 0.58.

Maneuver Termination Conditions The thrust-to~weight ratio of the
vehicle at the end of the main descent maneuver is of interest since it
establishes the initial condition for translation, hovering and final .
descent maneuvers. The terminal thrust-to-lunar weight ratio is a function
of vehicle initial thrust-to-weight ratio and the mass ratio. The varia-
tion of terminal thrust-to-weight ratio for a direct landing maneuver is
shown in Figure 36 . To achieve a 1l:1 vehicle thrust-to-weight ratio
(necessary for constant altitude hovering), an engine throttling ratio
equal to the terminal thrust-to-lunar weight ratio is required, For _
satisfactory control during the terminal landing phase, it may be necessary
to throttle the landing engine to thrust-to-weight ratios substantially
below 1:1, and engine designs must include an allowance for this conslderation.

-
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Propulsion Review. The thrust level for the landing engine is determined
principally by the i{ype of landing 4rajectory employed (an intermediate
orbit method) and ty the relationship between thrust level, engine weight,
and the thrusteto-weight versus velocity requirement characteristic for
the landing trajectory., For the vehicle and trajectory characteristics
considered, a thrust %o weight ratio of approximately 0,45 is desirsble.
in encire throttling capability of 10:1 would provide sufficient thrust
control for perfermance of hovering and translaiion maneuvers near the
lunar surface,

A comparison of the apprroximate capabilities of various landing vehicle
configurations is shown in Figure 37 . The data indicate the advantage
of high energy stages over alternative systems, and show the capability
of several future launch vehicles, _

Lunar Orbit Rendezvous

Vehicle Concept. Landing an entire space vehicle represents a use of
propellants during the descent and takeoff maneuvers which may be partially
conserved by leaving part of the vehicle in lunar orbit. A propulsion
sysiem {single-stage or multi-stage) must then accomplish the descent,
translation, takeoff, and rendezvous maneuvers, (Figure 38 ).

Trajectory analysis for the mission was based on the vehicle being in a
£0-n m! circular lunar orbit, and using the intermediate coast trajectory
for descent. The landing stage is decelerated into an elliptical orbit
with a 50-n mi apocyn*hion (maximum) altitude and a pericynthion (minimum)
al titude determined by the specific impulse and the thrusteto-weight ratio
at the beginning of the next maneuver., The vehicle coasis to the peri-
cynthion 2% which point thrust is applied antiparallel to the velocity
vectors At the.end of this maneuver, the vehicle is a few thousand feet
above the lunar surface and hovering or descending at a relatively slow -
speed, The hover point is set sufficiently high above the surface to
allow for uncertainties during the landing maneuver,

The takeoff maneuver consists of a vertical rise followed by kickover

and thrust parallel tc velocity sequence. When sufficient velocity has
been generated, thrust is terminated and the vehicle coasts to a 5S0~-n mi
apocynthion where thrust is again applied to circularize the orbit and
rendezvous with the remainder of the spacecraft, The payload is trans-
ferred to the spacecraft which provides propulsion for the reiurn transfer,

The ideal velocity requirements for landing from a 50-n mi orbit and takeoff

to 50-n mi orbit are shown as a funciion of initial thrust-to-{Rarth)
weight ratio (F/W) in Figure 39 . The lower pairs of curves represent

s2
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the nominal values., Tae ugper landimg curves include allowances for a
7.5-percent flight performance reserve and a £00-f£i/sec hover/translation
velocity, The upper takeoff velocity curves include a 1250-ft/sec plane
change velocity increment ané a2 7.S-percent flight performance reserve,

A 35,000-pound landing vehicle was assumed as nominal in some cases,
though the parametric analyses and the thrust cptimizations were con-
ducted for a range of vehicle weights, The znalysis resulis can there-
fore be applied to other values of reiurn-to-orbii payload requirements
or vehicle gross weight.

Pzrametric Data, Parameiric srystem weigats were formlated for the three
vehicle concepts discussed. 4Ar ideal velocity requirement of 6,850 fi/sec
was used for the landirng maneuver, 7L30 ft/sec for the takeoff maneuver,

A one-stage vehicle which performs both landing and takeoff is described
in Figure M0 and k1 , Figure b0 is for a noncryogenic-propellant
vehicle (320 seconds specific impulse) and Figure k1 is for an Os/Hp -
vehicle (L20 seconds specific impulse). Payload versus initial vehicle
gross weight for varicus stage propellant fractions are presented in

these two curves, For this vehicle, 850 pounds of landing gear is left

on the lunar surface when the venicle gross weight is 35,000 pounds, For
other gross weights, landing gear left on the moon was assumed directly
proportional to vekicls gross weight. Propellant fraction (Ap) was defined
in this study as the propellant weight divided by the sum of tge propellant
weight and all inert weights except ihe landing gear left on the lunar
surface, - :

The effects on payload of changes in various sitage parameters for the -
single stage, landing/takeoff vehicle are illustrated in Figures h2 and

k3 . Figure 2 is for a noncryogenic propellant stage, and Figure I3
for an Op/Hy vehicle, -

For each figure, a reference vehicle was selected and, as various stage
parameters were varied, the resulting payloads were expressed as a per-
cent of the reference vehicle payload. On each curve, the variation of
payload with specific impulse is presented, assuming propellant fraction
remains constant; and the variation of paylocad with propellant fraction is
presented, assuming specific impulse remains constant, Another curve shows
the effect of total stage inert weight on payload. Total inert weight here
includes the 850 pounds of landing gear which is left on the lunar surface,
The effect on payload of the weight of the landing gear jettisoned on the
lunar surface is shown in the final curve, For this curve, total stage
inert weight and specific impulse are kept equal to those of the reference
vehicle, Comparison of Figures h2 and 3 indicates that the payload
variation, on a percentage basis, is more sensitive for the storable
propellant system,
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For the two-stage vehicle concept, (one for the landing and another for
the takeoff) three sets of curves, each containing three figures, are
presented, The first set of curves (Figure W , k5 , and L6 are
for a vehicle which uses noncryogenic propellants in both the landing

_and takeoff stage. The second set, Figure j7 , 48 , and j9 are for a

vehicle with an OZ/H.,landing stage and a noncrycgenic takeoff stage.

The final set, Figure 50 , 51 » and 52 are for an all-05/Hy vehicle.
The variations in payload with the initial vehicle gross weight in lunar
orbit is shown in the first curve of each set. Payload as a function of
landing and takeoff stage propellant fractions for a vehicle of 35,000 1lb
gross weight is presented in the seccnd curve of the set. For the first
two curves in each set a 320-second specific impulse was used for non-
cryogenic propellant stages and a L20-second specific impulse was used
for the Oefﬁz-propellant stages. The effect on payload of these specifiec
impulses 1s shown in the last curve of each set. While specific impulse
is varied, stage propellant fraciions are held constant at 0,85 for the
noncryogenic and 0,80 for the Op/Hy systems. ' '

It is possible to design a one-stage vehicle so that the tanks containing
the landing maneuver propellant could be left on the lunar surface, The
effects of jettisoning part of the propellant-dependent weights after
landing are illustrated in Figures 53 to 56 . Noncryogenic and 0o/,
propellants as well as pump- and pressurized-gas feed systems are cone
sidered in these figures. For each vehicle 850 pounds of landing gear

is also jettisoned on the surface. For all curves, an initial vehicle
gross weight in orbit of 35,000 pounds was used with an engine system of
11,000 pounds thrust. Tank and engine inert weights were determined using
estimated nominal values for weight factors as presented in Table 1 -
Kr is defined as the weight of propellant dependent structure divided by
the propellant weight. Kg is the ratio of the weight of thrust dependent
structure to thrust level,

In each figure of the Figure 53 to 56 group zre curves of payload plus
stage fixed weight# plotted versus the tank weight factor (Kp) for the
tanks jettisoned on the lunar surface. Each curve presented is for a
different Kp for all the tanks. The "Kp A1l Tanks®™ is the effective
tank-weight factor which the vehicle has initially, i.e., sum of all
propellsnt dependent weights/total propellant weight., The points where

# From burnout weight, only the inert weights determined using the
appropriate tank and engine weight factors are subtracted, leaving
a payload plvs stage fixed weight number.
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() D

Er of the jeitisoned tanks eguals zero show rasyloads which would result
if no tanks were jeitisoned on the surface, Other recints on the curves
can te compared tc these points to delermine the advantage gained by
jettisoning tanks.

Noncxyegenic 02/Bp

Pump-Fed Pressure-Fed Piz-Fed .Pressure-Fed

Tank Weight Factor (En) 5.05 2,08 2.1 0.21
Brgine Weight Factor (Kg) 0.02 2.0, 0,025 0.0L0

Thrust Optimization. Thrust cptirizaticn analysis was conducted for a
neminal lurar landing-from-crbii sizge, a tekecff-to-crbit stage, and a
single stage tbat performs both furctions. Beth ncreryogenic and highe
erergy cryogenic propellantis were ccnsidered., Characteristics of the
nerinal landing stege systems are described in Tskle 2 o

TABIE 2
TANDING STAGE NOMCNAL PARAMETERS

Xoncryogenic ;
Propellant 0o/,
Initial Gross Weight, pounds 35,000 35,000
Specific Impulse, seconds : 320 ' L20
Thrust Dependent Weight Factor
(K&, 1b/1b thrust)
Pump-fed 0.020 0,025 = .
~ Pressure~fed 0,00 0,010 ‘i’_
Propellant Dependent Weight Factor _ : —
(fp, 1b/3b propellant) o :
Pump-fed : | 0,05 0k
Pressure~fed 0,08 o R X 1 7

] FORyy »08 & () FROGFRS REV. 1.5 =~
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The iaiues cresented above, utilized in conjuncticn with the apprepriate
velocity requirement dzta yielded the resulis shown in Figure 57 and 58 .
Optimum values of %hrust-to-{arth) weight ratios are irdicated belows

Noncryogenic 02/
Pump-fed 0.60 0.55
Pressure~fed 0.50 - 0.50

T4t should be ncied that these optima are applicable zs propulsion design
criteria only if the subsequent (return-tc-ortit) maneuver is performed

by some other propulsion system; i.e., only if the landing stage is the

first stage of a two-stage vehicle,

The results for ihe lunar takeoff-tc-crbit sizge are shown in Figure 59
and 60 . The term, fixed weight, as used in these figures, includes all
inert weight which is neither thrust nor prepellant deperndent. The amount
of fixed weights is dependent on the pariiculars of any specific stage
design#%, but the btreakdown between paylcad and fixed weight (not thruste
dependent) does not influence thrusi level selection, The optimum thruste—
tc-(Earth) weight ratios for the takeoff stages considered are: '

Noncrycgenic Cryogenic
Pump-fed 0.7% 0.65
Pressure-fed 0.55 0.55

These optimum veirves repfesent appropriate design criteria for the second
stege of a two-cizge landing-tzkeoff vehicle,

knalysis of single stage vehicles for the landing/takeoff mission ine
cluded the grourd rule that 850 pounds are jettisoned on the lunar surface
prior to takeoff., Results are presented in Figure 61 and 62, and the
optimum thrust~to-{Earth) weight ratios ares _

Noncryogenie Cryogenic
Pump-fed 0.65 0.5%

Pressure~-fed 0,50 ' 0.50

# and on semantics, considering that an item such as a guidance system :
sometimes is, and sometimes is not, counted as part of the useful payload. .

;3
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A significant point regarding the thrust-to-weight optima is that in a
relatively wide bard about the optimum roint (epproximately 0,08 thrusi-
to-weight ratio units in most of the cases presented) the pavload is
practically constant, :

Tn this investigation, nominal values of thrust-dependent and propellante
derendent weight factors were assumed. These values, representing typical
stage designs, are subject to wide vezriation with material selection,
redundancy philosophy, etc., and have an important influence on the
seleciion of thrust level. '

Farametric analysis was conducted to rrovide trede-cff data cdescribing
the influence of thrust-dependent and propellant-—derendent weight on the
optimization of thrust level., In this anelysis, prorulsion was provided
by engines which ranged from relatively ligh% weight (i.e., Kp = 0,01)
to relatively heavy {i.e., Kg = 0.0L). For the second (takeoff) stage
of a two-stage vehicle, a large charnge in propellant-dependent weight
facter was introduced in order to evaluzte its effect on thrusi level
selection, Only noncryogenic propellant systems were considered. Addition-
ally at this juncture, fixed stage welghts were introduced, in amounts
suitable to yield logiczl stage propellant fractions, in order to prrovide
payload values representative of actual vehicle capabilities,

Results for a lunar landing stage are presented in Figure 63 . To ile
lustrate an important point cited earlier, the curve represented in

Kg = 0,025 is considered. The maximum payload, 1L,97h pounds, occurs
when the thrust level is 19,600 pcunds. However, to obtain a payload
within 75 pounds, or 0.5 percent of meximum, the thrust level can range
from 14,L00 pounds to 26,500 pounds. The larger thrusi-dependent weight
factors result in lower optimum thrust-io-weight ratios caused by the
higher weight penalties associated with higher thrust levels for systems
having larger values of Kg.

Similar results for a lunar takeoff stage are presented in Figure 64 »
For comparison purposes, the tank weight factor used in Figure 6} was
tripled, and the data shown in Figure 65 wes computed. The increase in
optimum thrust-to-weight ratio at increased tank weight factor (for a
given thrust-dependent weight factor) simply expresses the tendency of
the system to seek an operating point where less propellant is required
ard thereby minimize the onus of high tank weight factor. For the mag-
nitude of tank weight-factor change utilized, the effect on optimum thrust
level selection is fairly small, ‘

Characteristics of the single-stage vehicle for performance of the overall
mission are presented in Figure 66 « For Ep = C.02, the optimum thrust
level is 22,900 pounds, but values between 19,300 pourids and 27,300 pounds
can be employed without imposing so much as 0,5 percent payload penalty,

8
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In this preliminary investigation, the effect of interstage structure
weight was not included. If the interstage structure remained with the
subject stage after separation from the previous expencded stage, the
effect would te equivalent to increasing the thrust dependent weight
factor, Kz, Thus, the cptimum thrust would tend to be lowered. If the
interstage remained attached to the previocus stage after separation, two
design philosophies are possible for the sutject stzge. First, the sub=-
ject stage may be ccnsidered by itself, By so doing, the interstage has
no effect on the stage optimization, Second, the interactions between the
two stages may be considered. In this case, the interstage weight would
terd to lower the optimum thrust of the secoud stage ty dirinishing the
allcwable gross weight of the stage.

The ‘hruste=to-lunar weight ratio at the end of the descent from orbit
nmaneuver versus initial thrust-to={Earth) weight is showm in Figure 67 o
To achieve a 1:1 thrust-tc~lunar weight, for hovering, for example, an
e"flre throttling ratio equal to the terminal thrust-to-lunar welght

indicezted must be employed).

Neminal Vehicle Systems. Payload comparisons based on typical designs for
several vehicle configurations are presented in Figure 68 for one- and
vo=ctage landing=-takeoff vehicles based on an initizl weight in orbit of
35,000 pourds., The propellant fractlon, A\ ps ranges associated with each
line represent the probable variations in design of each system,
Estimated values of specific impulse of each system are indicated on

the graph, The ability to leave part of the inert weight on the surface
resulis in the two~stage vehicles exhibiting better rerfermance, Other
general conclusicns are the superiority of OQ/HZ over noncryogenic pro-
pellants and of pump-fed systems over pressurized-gzs~feed systems,
Fowever, it should be ncted that considerations other than payload,
(e.g., cost, reliability) must be evaluated in the selection of a pro-
pulsion systeme

Table 3 and Mk present propulsion system thrust, thrust rarge, payload,
and throttling requirements to achieve a 1:1 thrust-to-lunar weight ratio
for hovering for landing-takeoff vehicles having gross weights of 35,000
pounds, Both one-and two-stage vehicles were considered, as well as pump-
and pressure-fed systems. Kg and Kp result from different design features
of pump and pressure-fed systems., These data mzy be scaled to establish
preliminary de51gn trends for larger vehicle sizes.

The gross weight requirements of the noncryogenic propellant landing-

takeoff wvehicle are shown in Figure 69 as a function of the payload, based
on Ap's of 0.91 and 0.86 for the pump- and pressure-fed systems respectively,
The optlmnm thrust and the thrust range which will result in less than 1 per-
cent payload loss (compared to the payload with optimum thrust) are also
indicated, The figure indicates that a thrust level may be selected for
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TABIE 3

NONCRYOGENIC PROPELLANT LUNAR LANDING/TAKEOFF VEHICLES

Two Stage Single Stage
_Landing _Takeoft
Initial Weight, pounds 35,000 15,800 pump-fed# 35,000
11,600 pressure-fed
Specific Irpulse, seconds 320 320 320
Thrust~LCepencent 0.02 0.02 0.02
Yeight Factor 0.0l 0,04 0.0l
Propellant-Dependent 0,05 0.05 " 0.05
Weight Factor ~ 0.08 0,08 | 0.08
Optirum Thrust, pounds 21,000 10,900 22,900
16,800 8,100 19,300
Payload, pounds 16,200 " 7,300 6,000
11;,600 6,100 1,000
Thrust for Fayload 15, LK - 28,9K  8.2K - 1L.8K 19,3k - 27.3K
within 1 percent of 13k - 22,1k 6,LK - 10,5K 15.8K - 25,0K
¥aximum, pounds -
Throttling Ratio for 6,411 6.8:1
Optimum Thrust Engine 5.2:1 5.8:1
Prcpellant Weight in . 1€,670 7,800 16440 + 9060«
Optimum Thrust 16,780 7,650 16710 + 9090
System, pounds
Duration of Optimum 33h 229 - 31, ¢ 127
Thrust System, seconds#s# 396 302 356 + 15)

# Pairs of number indicate pump/pressure throughout Tsble

#% Division separates landing and takeoff phases ‘

%% Includes 9L seconds of hovering for landing phases
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Two Stage
Landing Takeoff
Initial Weight, pounds 35,000 18,600 pump=~feds#
17,300 pressure=-fed
Specific Impulse, seconds 420 120
Thrus t=-Dependent 0,025 0.025
Weight Factor 0,0h2 0.040
Propellant-Dependent 0ol 0.1}
Weight Factor 0.21 0.21
Optimum Thrust, pounds 19,300 11,700
) 17,900 9,700
Payload, pounds 18,600 9,900
: 17,300 8,500
| Thrust for Payload 15.0K - 26.6K  9.,1K = 17.3K
Within 1 percent of LK - 22,4k B = 13,1X
Maximum, pounds A
Throttling Ratio for 5.0:1
. Optimum Thrust System, pounds L.6:1
i .
‘ Propellant Weight in 13,670 75970
Optimin Thrust Systemypounds 13,700 7,180
| Duration of Optimum 373 221‘6
3

Thrust System, secondsgss 397

TABIE b

0,/H, LUNAR LANDING/TAKEOFF VEHICIES

% Pairs of number indicate pump/pressure throughout Table

#% Division separates landing and takeoff phases

92

s Includes 9l seconds of hoverin; for landing phases

_Single Stage

35,000

k20

0.025
0. Oho
0.1
0.21

19,190
17,200

8,600
6,800

1506K - 2)4.1](
149K - 20,1K
h.Szl

13,580 + 8660%%
13,730 + 8660

377 + 1590
409 + 212
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Optirmm Thrust / P

Pump-fed
o&— Pressure-fed

Thrust Range for Payload within 1.0 percent
- ~of Maximum

T
f
b1
\\\ §
\\\ A .
N
_ B
A ]
A\ / // {
| AVAVA d
2 }/ 4 \/
,/ZJ/ \\
/ j == Gross Weight \ N
- Pump-fed =
'/}/ Preisure—fed \
3000 5000 7000

Payload, pounds

Figure 69. Thrust and Gross Weight Requirements - One-Stage
Noncryogemic Propellant Vehicle
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prelirinary design rurposes before a final choice of pump- or pressure-
fed systems is msde. The flatness of the thrust optimization curves is
shown in Figure 70 .

FORW £22.8 (1 FNRGEFR) NFVY 1.8
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Figure 70 . Gross Veight Variation with Thrust;One Stage Vehicle,
Roncryogenic Pressure-Fed Propellants
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ERROR ANALYSIS FOR IUNAR LANDING-FRQ{-CREIT }.A.\'ELVER

The major propulsive phase of landing “rcm z-lunar orbit is that portion
of the maneuver durmg which the vehicle Is Zecelerated from high velocity
at the periapsis of an elliptical orbit atcut the body ito a hover position
near the surface of the ocdy. An evaluziion of the errors experienced in
reaching a desired hover point if executicn of the maneuver deviates in
certain respects from nominal (ideal) perfcrmance of the maneuver has been
made. The errors consicdered were deviaticns from nominal thrust, both with
and without accomranring variation in srezilic Impulse, Ignition prior to
or beyond the reriapsis of the ellipse, erc amgular displacement between
the thrust and velociiy vectors during the tropulsive maneuver,

ected on the basis of results

Mominal conditions for t'ni analysis were s
~ion studies. Noncryogenic pro-

&3

of previous trajectory and .“.*'ust. optiniczatic

pellants were employed, and an irnitial inr:si-teo-(Earth) weight ratio of
0.} was utilized. licminal periapsis cerdiiicns were 5704 ft/sec velocity
and 71,000 feet altitude. Deviations Iro tne nominal periapsis altitude
translate directly to de’:ia::ors from the zltitude of the nominal hover
point. Characteristics of the nominal tnr:isi-parallel-to-velocity (gravity
turn) landing trajectory are presented 'z: Tizare Tl . The nominal hover
altitude for the selected initial corditicns, indicated as zero in Figure

71 , is 5150 feet atove the lunar surface.

- Thrust Variation

e

If each of two vehicles, differing only In thrust level, performs a gravity-
turn maneuver, the bigher thrust vehicle will execute a steerer descent and
will come to rest at 2z Zover point higher than, and up-range of, the hover
point of the other vehicle; this result Is :.ntu‘:tive]y obvious and results

. as a consequence of the shorter operatinz ¢uration of the higher thrust

systen.

The deviations in range and altitude resuiiing from off-nominal thrust
operation are preserted ir Figure 72 . Saveral possible causes exist
concerninr thrust discrepancies and mos. of these rield one of the two
characteristics shown in Figure 72 . In Case A, specific impulse is
unchanged as thrust varies; this corditicrn is characteristic of a change

in turbopump speed (re zlator setting shilt, turbine :mlet nozzle obstruction)
for a pump-fed sy=tgr or tanx-pressure dev: at_non

- , {regulator shift) for a pressure-
fed system. The cc;nstanc:f of specific Imzulcse in these circumstances is not
precisely true, but the cdeviation is barely detectable. In Case B, thrust

9%

rro B {1 EAArD)Y BEUV 1.%R
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and specific imrulse vary together; the cause magy be random variation of
combustion efficiency or the presence of a nondestructive mode of com-
bustion instability.

The indicated results do not include the effect of lunar rotation. Since
nominal target poirts on the eguator of the moon are moving at a speed of
15.5 ft/sec, deviations from the ncmiral larding-maneuver duration, result-
ing from deviztions from nominal thrust, cause distance errors up to a
value egual tc 15.5 times the difference betwveen the rominal and actual
landing maneuver cdurations, Vé(t‘tnqm)'* A l-percent thrust discrepancy
is equivalent to a-rroximately a 3-scecond duration chanse, resulting in

an error of less trhan 59 feet. Since the l-percent thrust deviation

causes a rerge error in excess of 10,000 feet, the additional 50 feet is
trivial. '

The significart conclusion to be drawn from Figure 72 is that small
variations in thrust cause substartial deviations in hover point location.
Translation maneuver studies have indicated that to reach the nominal hover
point from the position reached &y a vehicle with a 2-percent thrust dis-
crepancy, the vehicle would reguire a reserve propellant supply equivalent
to approximetely 2000 f£t/sec of ideal velocity increment.

Trajector Pesition at Propulsicn Srstem Ignition

The nominal landing maneuver is initiated precisely at the periapsis of

an ellipticzl orbit zbout the cestination bod;. ZIowever, if scme guidance
system errors exists, ignition might occur at a time rrior to, or later than,
arrive]l at veriapsis, in which case a landing location error arises due to
deviations frcm the nominal initial position coordinates and velocity vector
direction.

The variation of trajectory parameters as the vehicle approaches and passes
by the perizpsis of its elliptic orbit is showm in Figure T3 . The L0O-second

£y

interval indicated on either side of the periapsis correspords to a range-
angle error slizhtly in excess of + 2 degrees. Velocity variation during

the interval, amounting to approximately 0.3 ft/sec, is not shown; it was,

# The maximm effect is experienced for a landing from retrograde,
equatorial orbit; the error adds algebraically to the error caused by
the thrust discrepancy. For an equatorial orbit in the same direction
as the rlanet rotation, the thrust error is reduced by an amount equal
to Vs(t-‘.;r ). For nonequatorial orbits, the error is a function of orbit

jnclination and landing site latitude, and is between the two extremes
cited above.

: ' 99




ROCKETDYNE

A DIVIBSION OF NORTHM AMERICAN AVIATION. HC

298/3) ‘eo3wy OPNITITY

8- 91~

k(4 91 8 0

40

30

Distance

Altitude —o-

20

10

a

Velocity = 5704 ft/sec

=20

-30

oY 49 0
@ u ‘uoTYIULoTIed WOIF IURISTY

T°0 0
seeafep ‘e3uy J0300) £37007e4

T°0- P o

S*1L 1L €1 L

01 X %5 ‘opnITITY

100

Form 608-8 (Vellem) fov. 1-58

7 5 7

Time frowi Pericynthion, seconds

Reference Conditions for Initiation of Lunar Landing Maneuver

Figure 73.



—

ROCKETDYNE .

A DIVISION OF NORTH AMERICAN AVIATION. ING

however, included =s a facter in subsecuernt aralysis. CF 4he veriables
indicated In Figure 73 , distance frem pericynthion is the most signif-
icant; the vehicle traverses, and therefcre produces z %=z Iunar surface,
a range error amounting to almost one nautical mile each seccnd. The oihker

factors, theugh impertant, are less significant in procducizz £inal position
errors.

Results of the ignition-time analysis zre rresented in Tiz=e Th . It is
evident that if a2 rarticular landing site Is the geal of raneuver, sme
corrective acticr is needed to alter the irzjectory and fnsz-ebr to aveid a
recuirenent for substantial translaticrn-maneuver propellzn: reserves. TFor
early igriticn, engire lnrottling can be emrlered to correct the irzjectorrs
the penalty (resuliing frem the need to allow sufficiert zl::iude bias to
avoid impact arnd te rerfom the cdescent mzneuver =2t lower-*han-cominal
thrust-to-weight ratio) is on the orcer ¢ z few hurdred 7% sec of croreilant
reserve. For late ignition, if reaching z particular siie Is essentsal and
increased thrusi is rot available, the criions include =issZon abort (or
another orbit), use of surface vehicles, ard carrying lsrze (several thousand
ft/sec) propellant reserves.

Thrust Vector Misaligment

In the nomiral lzrdirg maneuver, the prorulsion-sysien ith—:si vector is
directed preciselr ard continuously oppesite to the vehicle velocity vector.
The ability of the vehicle to detect the direction of the velociiy vector
and the ability of the propulsion system to respond ic commznds 4o orient
the thrust vector accordirngly are subject ic error. Therelcre, an znalysis
was conducved to evzluate the hover-poini cesition errors Zmduced by mis-
aligment errors, I.e., by inadvertentlr rerfoming & small zngle~of-zitack
maneuver instead of ithe desired gravity turn. In additicn, the analysis
indicates the rossible corrections of other errors that czx be achieved by
the deliberate use of an angle-of-attack descent.

Results of this investigation are presertec in Figure 75 . TFor the range
of typical misaligrment errors considered, the altitude errors produced have
the same order of magnitude as those experienced becazuse of the thrust or

ignition-time errors described previouslr; intentional miszlizment therefore

offers a means of correcting altitude errors. However, range errors are quite
small, in fact, almost insignificant in comparison te the range errors shown
in Figures 72 and 7). This result indicates that delibsrate misaligmment
cannot be used effectively to correct laeral position errocrs caused by other
deviations from nominal conditionms.

F . IM 202 e (1 FDGER) REV. 1.58 : : B _
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Critigue of Gravity Turn Analysis

With the deliberate excertion of ihe misaligmment errcr study, the analyses
have been predicated on the ability of the landins vehicle to contimuously

align the propulsion system thrust vector and the vehicle velocity vector,

i.e., to perform a gravit: turn correctly regardless oFf deviations from the
nominal values of thrust magnitude or Initial pesition and velocity.

A simpler (from a guridance stzrépeoint) technique fe: rerferming the powered
descent maneuver mgy te the use of z preprogrammed itirust criertation pro-
file. In this case, sirce the prefile is based orn noinzl conditions, the
descent trajectory is & graviiy turn only if the treruilsion systen cperates
at nominal thrust anc srecific imrulse, and igniticen ccours rrecisely at

the periapsis of the ellipiiczl ortii. If nominel conditions de not prevail,
the programmed thrust-oriertatlicn rrolile does nct constitute a grevity turn,
and an errcr, eguivalent tec 2 time-variable misaligr—ext errcr, is introduced.
The magnitude of the error zt ar given time is ecuzl {- ihe differerce between
the nominal trajectory angle arnc the corresronding grazviiy-turr trajectory '

angle.

The variation in velocity-vector angle (and therefecre irrust-vector angle
- s - 2 > - g
is presented in Figure 76 for ke nominal lunar-oriii descert mareuver and
for two thrust deviations frem the rominal maneuver (zzgle is measured
positive clockwise from the horizonial). It is evident that for a major
portion of the trajectery, ithe zrgle vs time characierisiics are identical
for the three cases. Ferond 147 seconds, however, ize characteristics
0 b ?

diverge; thereafter, cescernt In compliance with the mominal curve is, for

ges ) X % € =< cars 3
the high and low thrust ceonditions, eguivalent to hzvirg botkh thrust and
nisaligment errors.

Misaligment errors, though ccrstant rather than variatle, were aralyzed
earlier, and the results of that study offer a usef:l, though approximate,
insight into the errors iIntroduced by adhering to an inappropriate, pre-
selected thrust-orientation schedule. The instantazeous magnitucde of the .
misaligmment error is described ir Figure 77 for the twec examples described
in Figure (note unorthodox ordinate scale on Figure 77 ). Keasurement
of the area under either of the twc curves between zero amd 350 seconds
yields an approximate time-average misaligmment errcr of J.7 degree, which
represents an equivalent, ccnstant value of misaligment error.

The use of a time-average misaligment value is far from precise as a means

of evaluating errors, but it offers a simple, ard cualitatively correct, way
to estimate overall larding maneuver errors. Sharizg ecual significance with
time in determmining an accurate eguivalent value of argular misaligment are
altitude rate and range rate, each affecting the respective component of the

misaligment-induced error. Thus, because range rate is very small in the

10k -
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region where instantareous misaligmment is greatest, the range error
estimated by a time-zveraging process tends to be high; however, since
altitude rate and instantaneous misaligmment are high simultaneously in
the latter portion of the trajectory (except for the firal 30 seconds),
the misaligmment-induced altitude error is greater than the time-averaging
method indicates. . .

For any given set of conditions, the overall error in trajectory terminal
position can be estimated by superim-osing the separate errors caused by
individual error factors: thus, for the +2-percent thrust czse, errors of
+2700 feet altitude and -3.5 nautical mile range =re indiczted ir Figure
72 czused by excessive thrust, and, using the ti: ;e—averaged niszligment
value, Figure 79 (extrapolated) indicates errors of -£000 feet altitude
and +0.2 nautical miles range due to misaligrment. Tne net result is an

- approximate terminzl positicn 3300 feet below and 3.3 nauiical miles short
o the nominal hover point.

For early or lste ignition (i.e., deviations from ignition at reriapsis)
the nominal trajectory again differs from the appropriate gravity-turm
maneuver; the magnitude of the deviation is shown in Figure 78 (compare
this with Figure 77 ). In this case, the time-averaged misaligment
error is approximately O. 15 degrees and an early-ignition (LD seconds)
trajectory attains a hover point 1300 feet below and 0.02 miles beyond
the point that would be reached if a gravity-turn maneuver were emrloyed.
Note that in this example, early ignition and misaligmment Doth lower
the hover point below the nominal altitude; in the high thrust case,
misaligment lowered the hover point while the acded thrust raised it.

Results

For all of the errors ccnsidered (see Table § ), the ideal velocity
requirements needed to decelerate the landing vehicle to a lover position
were within a band defined by 5984 + 20 ft/sec. Thus, the significant :
influence that propulsion errors haVe on propellant requirements is related
to thé displacement of the hover position, rather than to the propuls:Lon
requirement to attain zero velocity.

Values of displacement from the nominal hover point are presented in
Table § for representatlve deviations from nominal performance of lunar-
orbit landing maneuvers. .
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TARIE S
HOVER POINT POSITION ERRCRS

Error AAltitude, feet ARange,_n mi
+2 percent Thrustj;

Specific Impulse Constant +2710 -3.L8
+2 percent Thrustj; -

+2 percent Specific Impulse +1690 -2.88
Ignition 20 seconds Early +1890 -2.88
+0.S degree Misaligment ~hl:0 +0.10

To account for altitude deviations introduced by the propulsion or trzjectory
zi'rors considered, the nominzl hover position shculé bte approximately 5020

Teet above the lunar surface. ZIrrors in eliirtic ortit periapsis zltitude,

not evaluated in this study, should be added tc ihese values. The propulsion

~“requirements for translation anc cdescent to the ncmiral landing site from the

positions indicated above are on the order of severzl thousanc¢ fi/sec ir most
instances, and therefore corrective measures such as engine throttlirnz shomlé
be initiated cdurirg the main propulsion phzse rztiher thar after rezchirg the
hover point. The vehicle can descené from the never point durirg the sub-
seouent translation maneuver; the altitude weould izZen be on the order of a
few hundred feet when the vehicle arrived zt z peint cdirectly above the.

cesired landing site.

MISSION AEORT

Provision of mission abort capability in a lunzr or planetary landinz vehicle
requires that the available propulsion systems te sufficient to perform not
only the maneuvers associzted with a successful mission, but also tte maneuvers
required to implement an abort decision. 4 "brute force" soluticr would be to
provide an independent abort propulsion system (which would be discarded if no
abort were reguired). A more efficient arproact is to supplement the landing
and/or takeoff propulsion systems, by addition, if necessary, of propellant
capacity ané/or suitable selection of thrust levels, so as to erhance their
capabilities sufficiently to encompass atort reguirements as well as routine
landing and takeoff requirements..
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urar Lanéding Abort

Larding frem lunar orbit may be divided inte three phases: (1) conversion
of the circuler orhit to an ellirse with a low zltitude pericymthion; (2)
powerec cescert from pericynthion to heover altitude; (3) translation and
descent. The present analvsis was concerned with abort cduring the second
vhzse. The purpose of the abort maneuver was to place the vehicle in a

£0-n. mi ecircnlar orbit., Other teminzl conditions could have been chosen
(e.g., ¢ifferent circular orbit altitudes cr various ellipses whick co not
irtersect the lunar surface); however, the selected terminal cenditicns

are reascnatle, particularly whern the lunar rendezvous ccncept is cernsicdered.

Ir the presert study, abort propulsicn reguiremerts were evaluated for cre-
ard iwresiage vehicles performing the landirg-from-orbit and return-to-orbit
marezvers of 2 lunar mission. For the two-stage vehicle, separate anziyses
were ccxCucted to determmine the modificaticns needed if atort is to te per-
formed 1) by the landing stage, and 2) by the takeoff stage.

The representative larding trajectory from which abort occurs was ithe same
for both vehicle configurations considered:; vehicle flight parameters are
shown in Figzure T9. The trajectory is for a larding vehicle whick applies
retrothrust antiparallel to the velocity vector. The curves present, for
ary point along the descent trzjcctory, the orientation of the vehicle with
resvect ic the local horizontal, the decrease of the selerocentric irertial
velocsty of the vehicle and the increase in venicle thrusi-to-(Earth) weight
ratio. The vehicle considered had a specific impulse of 315 secords and

ar ZTzrih thrust-to-weight ratio of O.L at the start of the descent mareuver
a-rrexirately €6,700 feet above the lunar surface. At the firal point of
descert, ihe vehicle reaches zero velocity and is orierted in z vertical
pesition. A bias altitude can be superim-osed on the altitude ckaracteristic
to provicde for hover-translation maneuvers. It was additionally assumed that
at the instznt the abort decision iIs made, the vehicle reorients to the
desired abort mereuver attitude and applies thrust (the value of whick is
deperdert on the rarticular analysis involved) until sufficient velocity is
gererated to transform the trajectory tc an ellipse with a 50-n mi apocynthion.
After coasting to apocynthion, a firal propulsive mareuver is executed to
circularize the orbit. ' T '

Sirgle Stage larding-Takeoff Vehicle. For the single stage vehicle, impulsive
(F/W = © ) avort maneuvers were first studied. The vehicle velocity vector

(V) is knowm at each point on the landing trajectory as is the velocity vector
(Vp) require¢ to make that point the pericynthion of a Hohmann transfer ellipse
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to 50 n m:. The difference of these two vecters is the impulsive (minimum)
velocity (A7;) recuirement at pericynthion. The sketch below presents the
velocity vecter diagram for the impulsive pericynthion maneuver. An additional
velocity :ircremert must be added at apocynthion. The impulsive value of this
increment is approximately 75 ft/sec. :

Surface

Figure 80 is 2 plot of the sum of the two impulsive velocity increments
required zs a Sunction of the point (altitude) on the landing trajectory
at which ztort is initiated. The curve does rot intersect theAV; axis
because ever if ztort were initiated simultaneously with the powered-descent
maneuver, ‘here would still be a velocity increment required at apocynthion.

During the early phases of the landing trzjectory, velocity is reduced with-
out much 2l*itude loss. (In fact, a slight increase occurs.) This is
reflected 3in the steep nature of the abert velecity requirement curve at
high altituces. Lower abort altitudes corresrond to lower vehicle velocity
vectors ard thus to higher abort velocity reguirements. The vehicle velocity
is zero at tre surface ard the velocity shéwn atthat point in Figure 80 is
the impulsive velocity requiremert for tzkeoff to the 50-n mi orbit altitude.

Use of nonimpulsive abort maneuvers was next considered. The vehicle began
the abort mareuver with the F/W existing at the time of abort. Thus, lower
altitude arorts had the advantage of higher values of F/W. The simplification
was again rmade that the vehicle was capable of Instantaneous reorientation of
the vehicle thrust vector at the time of atort. After this reorientation,

the thrust vector was mairtained at a constant attitude (with respect-to the
local verticsl) throughout the abort maneuver. The effect of thrust wector
orientat:on during abort on the abort trajectory and velocity requirements

was also studied. ) , :
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A typical landing-abert trajectory is sketched below and indicates that
the altitude where abort is initiated, hy, is not the minjmum altitude,
hnins to which the veticle descends during the maneuver. The altitude
loss (hg-hys,) can be minimized by pointing the thrust vector straight up.
However, this is not an efficient maneuver as it results in high velocity
reguirements.

The impulsive velocity reguirement curve of Figure 80 is reproduced in
Figure 81 . The dashed lines in this figure connect the abort altitude,

h,, on the impulsive curve with the minimm loss value of hyi,, obtained

by using a vertical thrust orientation vector. The upper termimus of

each dashed line may be referred to, semewhat paradoxically, as (hpsnlmaxe
The locus of these points is plotted in Figure 81 . The significani increase
in abort velocity recuirement above the impulsive value is also indicated by
this curve. These velocity losses may be reduced by orienting the velocity
vector in a more horizontal direction. The disadvantage of this thrust
orientation is tkat a more horizontal thrust vector results in lower values
of hyspe This effect is shown for three specific abort poimts in Figure s1.

A summary of Figure 81 may be made by considering the points A, B, C on
the figure. Poirt A indicates that the abort was initiated at an altitude
of 25,000 feet., If impulsive thrust were available, this would be the
minimm altitude, and the velocity requirement would be 4065 ft/sec. Using
the actual F/W which was in existence at the instant of abort (0.60) the
maneuver can be performed without descending below 20,600 feet by vertical
orientation of the thrust vector as shown by point B. The ideal velocity
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required by this maneuver was 6200 ft/sec. By orienting the thrust vector
such that the abort trajectory was tangent to the surface (point C; i.e. ’
bpin = O) the velocity requirements could be reduced to 4310 ft/sec.

Two-Stage Vehicle. The two-stage vehicle selected for analysis nominally
employs the first stage for the larding~from-orbit and hover-translation
maneuvers and the second stage for takeoff-to-orbit. Several alternmative
modes of vehicle modification exist for providing the ability to perfomm
an abort operation. These are:

1) Modify landing-stage capabilities to assure that it is
sufficient by itself to accamplish abort

2) Yodify both stages to guarantee that between them, they
can meet arny abort requirements

3) Modify takeoff stage to provide it with adequate abort
capability for any point along the landing trajectoxy

The first and third alternatives were selected for detailed investigation

in the present study.

Implementaticn of an abort operation can be achieved by various abort
maneuvers utilizirg different tkhrust programs and trajectories., For
exzmple, the vehicle can either return immediately to the original parking

" orbit, re-establish another parking orbit near the abort altitude, or

keep descerding to a point near the lunar surface where a low altitude
grazing encounter may take place before ascending to a predetermined orbit.
The term, "graze®, refers to trajectories such as those illustrated in
Figure - which pass close to the lunar surface during the abort mameuver.
For this abort trajectory, the sum of the gravity and thrust vector mis-
aligment losses are near minimm. _ i

Landing Stage for Abort. The initial study was directed at evaluating
the feasibility of utilizing the landing-stage propulsion system for per-
formance of the abort maneuver, The two extreme conditions are immediately
apparent. First, if the abort is initiated very early in the descent phase,
the landing stage has ccnsumed only a small amount of propellant, and vehicle
velocity is still quite high; it is therefore evident that the remaining
propellant for the landing maneuver is more than adequate to perform the .
abort maneuver without reccurse to any supplementary propulsive capability.
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At the other extreme, near the iermination of the landing maneuver, the
landing stage has exhausted its propellant supply and reduced vehicle
velocity to nearly zero, and abort executed by the landing stage at this
point would require a supplementary velocity capability approximately
equal to the capability of the takeoff stage; this redundancy is equiva-
lent to the "brute force® approach mentioned earlier. Between these
extremes, there exists a region in which the landing stage can perfom
the abort maneuver without, or with modest, supplementary propulsive
capability.

Three trajectory types were examined for abort performed by the landing
stage. The first case assumed the thrust vector of the vehicle was
rotated instantaneously to 90 degrees with respect to the local horizon-
tal (straight up) and remained in that position until the achievement of
sufficient velocity for the coast phase to 50 nmi. This type of maneuver
establishes the 50-n mi orbit with a minimum loss in elevation and in the
quickest time; however, the velocity requirements are high. A decrease in
abort velocity requirements occurs with the use of the grazing trajectory
showm in Figure 82 . 1In this trajectory (second case) the vehicle thrust
vector was rotated to a particular constant angle, smaller than 90 degrees,
which allowed the vehicle to graze the lunmar surface prior to coasting to
the 50-n mi altitude. The trajectory (third case) shown in Figure 82 offers
the lowest abort velocity requirements. In the abort trajectory shown by
Figure 82 , the thrust vector was instantaneously rotated to a prescribed
position and allowed to remain in that position until the vehicle reached
the lowest point of a grazing trajectory, considered to be tem percent of
the initial abort altitude. When the abort vehicle reached this mindmum
altitude, the thrust vector was reoriented to a position which assured
constant, low altitude flight above the lunar surface until sufficient
velocity was acquired for coast to the 50-n mi apocynthion height.

The reduction in remaining velocity capability (assuming no hovering
allowance) for a landing stage traversing its landing trajectory and the
corresponding increase in abort velocity requirements (for abort trajectory
type 3) is presented in Figure 83. It is evident that the stage capability
is adequate for abort maneuvers initiated above 46,000 feet; thereafter,
supplementary capability equal to the difference between the two curves is
required if the landing stage is to perform the abort maneuver.

For these three types of abort trajectories considered,the ideal velocity
requirements needed to establish a 50-n mi orbit as a function of initial
abort altitude are shown in Figure 84 . Initial thrust-to-weight ratios
for each abort maneuver corresponded to the descent thrust-to-weight ratios
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of the vehicle at the abort point. This, of course, is equal the thrust-
to-weight ratio of the landing stage at the abort point.

The differences in abort trajectories between the lunar graze trajectory
vhich maintains a constant thrust-vector angle and the lunar-graze
trajectory which utilizes a variable thrusi-vector angle are illustrated
in Figure B85 . Changes in altitude and range, or distance covered above
the lunar surface, before the coast phase to 50-n mi are shown for a
vehicle which aborts at an altitude of L4200 feet above the lunar surface.
The range distance of 83.2 n mi covered by the vehicle while building up
sufficient velocity to coast to 50-n mi corresponds to a lunar arc angle
or approximately 5 degrees. '

Takeoff Stage for Abort. Use of the takeoff stage for abort is
strongly suggested by the fact that the landing stage might not be avail-
able (i.e., the need for abort might nave been precipitated by a landing

--propulsion system malfunction) and the takeoff stage has its entire pro-
pulsive capability available throughout the landing maneuver. The lunar
takeoff stage may perform an abort maneuver at amy point of the descemt
trajectory provided the thrust-to-weight ratio and velocity requirements
for the takeoff stage are satisfied for each abort point. It is not
immediately apparent how the takeoff propulsive capability could be any-
thing but adequate for the abort maneuver; however, near the lunar surface,
it is possible to formulate a situation in which the takeoff stage F/W
is inadequate to propel the vehicle upward before inertia of the vehicle
carries it to impact at the surface. Shown in Figure 86 are the ideal
velocity increments, exrressed as a function of abort altitude and
initial takeoff stage (abort stage) thrust-to-weight ratio, required by
the takeoff stage to establish a 50-n mi circumlunar orbit. The results
of the plot were based upon a grazing circularization abort trajectory.
Assumed in the abort mareuver was instantaneous jettisoning of the landing
stage and instantaneous orientation of the thrust vector to the prescribed
abort position. The dotted lines in Figure 86 indicate the initial constant
orientation of the 2bort stage (takeoff stage) or thrust-vector angle with
respect to the local horizontal during the lunar descent portion of the
abort trajectory. Thus, if it were necessary to perform an abort maneuver
at an altitude of 20,000 feet with a takeoff stagze having an initial thrust-

. to-weight ratio of 0.5, the thrust vector angle would initially be rotated
to 30 degrees. This angle will cause the vehicle to graze the lunar surface,

The minimum thrust-to-weight ratio for abort as a function of abart altitude
based upon the previously defined grazing-circularization abort trajectory
is jllustrated in Figure 87 . The plot is based upon zero-hover altitude,
ad a comparison between the normal increase in vehicle descent thrust-to-
weight and the minimm allowable thrust-to-weight ratio for abort is
illustrated. This minimm thrust-to-weight ratio which is allowable

1
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corresponds to the thrust vector angle pointing vertically upward during

the early descent portion of the grazing-circularization maneuver. Analysis
of the data presented in Figure 87 indicates that the abort stage or lunar-
takeoff stage should be designed for an initial thrust-to-weight ratio equal
to or greater than the vertical camponent of the thrust-to-weight ratio of
the normal landing stage at the campletion of descemt. For the descent tra-
jéctory utilized in this study, the vehicle orients itself to the vertical
position while hovering; the maximum vertical camponent of thrust-to-Earth-
weight ratio is 0.63, which is therefore the required imitial thrust-to-weight
ratio of the takeoff stage.

The abort thrust-to-weight recuirements if no allowances are made for a hover
altitude are indicated in Figure 87 . The effects of a hover altitude on
abort thrust-to-weight ratio rejuirements czn be seen in Figure §8 . With
no hover altitude, the thrust-to-weight ratio requirement for abort increases
with decreasing altitude. Thus, for abort capabilities at all altitudes, the

" minimm design F/W is defined by zero altitude conditions. When a hover

altitude is introduced, the minimum allowable thrust-to-weight ratio is shifted
to a higher abort altitude. Thus, for the typical descent trajectory showm by
Figure 79 , if no allowances were made for a hover altitude, the minimum abort
F/W requirement would be 0.63 and would occur at the point of touchdown.

Adding a L0O-foot hover altitude lowers the minimum abort F/W requirement to
OéhB; this value of F/W is recuired if abort were executed at an altitude of

The ideal velocity requirements for a nominal lunar takeoff mission are
shown in Figure 89 as a function of the initial thrust-to-weight ratio of
the vehicle. Orbital velocity for the nominaltakeoff mission was achieved
during low constant altitude flight above the lunar surface. An additional
velocity increment must be added to the minimum takeoff stage requirements
(Figure 89 ) if abort should be considered at the lower altitudes. If mo
hover altitude were considered for a lunar takeoff stage which performs an
abort maneuver below 2350 feet, the nominal takeoff stage (F/W, = 0.63)
should be designed for an additional AV of 50 feet per second as shown in
Figure 90 . At any abort altitude above 3100 feet, the normal takeoff
capabilities would provide sufficient velocity for abort.

The addition of any hover altitude reduces the thrust-to-weight ratio
requirements for the abort stage; however, if thrust-to-weight ratio is
decreased, abort velocity-regquirement penalties are increased at the lower
altitudes. The increases or variations in velocity requirements with abort
altitudes are shown in Figure 90 for hover altitudes of 100, 400, 700,
1000 and 1500 feet. The variations in AV are relative to the nominal Jlunar

takeoff mission shown in Figure 89 . 7
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Conclusions. A single-stage landing/takeoff vehicle designed for optimm
performance of the landing and takeoff maneuvers is capable of performing
an abort maneuver from any point on the landing trajectory.

The landing stage of a two-stage landing/takeoff vehicle cammot perform

the abort maneuver below 46,000 feet (for the vehicle and trajectory
considered in the analysis) without supplementary propulsive capability
above that required for landing. The takeoff stage of a two-stage vehicle

is adequate for performing the zbort maneuver if jts initial thrust-to-
weight ratio is at least equal to the vertical component of the final thrust-
to-weight ratio of the landing stage; lower thrust-to-weights are pemissible
if the landing trajectory is biased to achieve zero velocity at a positive
distance above the surface.

NEAR-SURFACE TRANSLATION

Maneunver Concepts ‘

For a nonaerodynamic planetary landing mission, it may be desirable, follow-
ing the major deceleration maneuver, to hover briefly at a point in space
while evaluating subsequent action, and then to perform a translation maneuver
prior to the actual landing. Landing-site selection, planetary surface survey
or need to reach a specific surface location can require a translation maneuver.
Several methods for applying rocket propulsion systems to the performance of
this maneuver are possible. The two basic propulsion methods are categorized
as ballistic or continmuous, with the latter capable of providing horizomtal
translation. Horizontal translation can be performed with a multiengine
system or a single engine system. The general characteristics of the methods
are described in Figure 913 a coast phase is possible in either the mlti-
engine or single-engine system, although it is shown only for the mltiengine
system. ' .

As indicated in the landing-from-orbit error analysis presented earlier, the
vehicle may be several thousand feet above the lunar surface at the start of
the translation maneuver; it would in this case be desirable to descend con-
currently while performing the translation maneuver. If, however, the trans-
1ation maneuver is initiated at a point a short distance above the surface,
a constant-altitude maneuver would be required. Both these possibilities
exist, and have therefore been considered in the analysis of translation
maneuvers.
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Hovering. Prior to, or perhaps following, a lunar translation maneuver a
hovering (constant altitude) maneuver may be required for pilot orientatiom
or other purposes. To achieve constant altitude, an initial thrust-to-
lunar weight ratio of 1:1 must be employed, and the engine thrust must be
decreased during the hovering as propellant is consxmed. The AV may be
calculated by:

-' Av:got

where: g = lunar surface gravity, 5.31 ft/sec®
t = hover time, seconds

The propellant consumed (\!p) is:

;Gg .1 - o OV/32.2(I5)

The throttling ratio (T'/T) during the hover phase is determined by
o /'r = o AV/32.2(1g)

For a variation in hover time, the throttling ratio is indicated in Figure
92 for lunar (near-surface) hovering. This hovering AV and throttling
required must be included with the main descent phase, translation phase,
and final descent phase requirements.

Ballistic Maneuver. The ballistic maneuver is described in detail in

Reference J} and begins after the vehicle has been brought to a hover

or near-hover comdition. The vehicle is first rotated to the proper
firing angle. Thrust is then initiated and maintaired while the thrust
vector angle is held constant. At the end of the bocst phase, thrust is .
terminated and the vehicle is allowed to coast to the retrorocket firing
altitude where the vehicle is aligned along the velocity vector and thrust
is applied parallel to velocity to ensure that zero horizombal and vertical
velocities are attained simultaneously.

This maneuver has several undesirable features. It requires that the vehicle
be turned through a very large angle just prior to retrorocket firing, and it
also requires that the engine be restarted; failure to restart could be
disastrous. Also, the translation distance cannot be easily altered after
the indtial firing phase.
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Continucus Propulsion Maneuver. This maneuver can be performed at near-
constant altitude with a vehicle that provides separate engines for the
vertical and horizontal thrust requirements, cr with a vehicle that
orients itself to allow a single engine tc provide both thrust components.

" Multiengine System. With the multiengine system, the maneuver is

) “initiated from a hovering position, and horizontal acceleration is provided
. by a horizontally mounted engine. After the required horizental velocity is
' attained, the engine is shut off, and a coast phase (optional) begins. The

vehicle is then decelerated to a hover condition by rotating 180 degrees and
using the same horizontal engine; alternatively, a2 diametrically opposed
horizontal engine could be used to apply the decelerating thrust.

Some of the undesirable characteristics of the multiengine system are the
requirements that the horizontal engine be restarted and/or the vehicle
rotated through 180 degrees for the deceleration phase. Also, a weight

- penalty due to the auxiliary engine system is irncurred. In Reference kL ,

it is shown that a single engine system is more efficient since one engine
provides both the horizontal and vertical thrust components that are
required, providing a saving in propellant necessary to perform the maneuver.

Single-Engire System. For the single-engine system, the horizontal
acceleration is provided by tilting the vehicle downrange. The process is
reversed approximately midway through the maneuver to stop the horizontal
translation at the desired distance. In the tilted position, the vertical
thrust camponent can, by proper selection of thrust level and vehicle
orientation, be adJusted to be equal to, greater or less than the system
weight. . .

If the thrust is constant and is equal to or less than the vehicle weight,
then in the rotated position, the vertical thrust camponent is less than
the weight, and the vehicle descends during the translation maneuver; con-
versely, if the thrust is sufficiently great so that after tilting the
vertical component is greater than the weight, the vehicle rises during the
translation. By selecting a suitable initial thrust for a desired translation
maneuver, the change in vehicle weight as propellant is consumed causes the
vehicle to descend during the acceleration phase and then rise during the
deceleration phase, resulting in a near-constant altitude for the overall
maneuver. A continuously constant altitude maneuver can be obtained, if
required, by the use of engine thrust comtrecl to increase the thrust after
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$ilting to maintain a vertical thrust-to-weight ratio of 1.0. A variable-'
thrust, single-cngine maneuver is evaluated in Reference h , and is discussed
later in a compsrison of various translation maneuver techniques..

A power-on coast phase, with vertically~directed thrust used to maintain (or
alter in a desired manner) the altitude, may be introduced between the down-
range acceleration and deceleration phases. This coast phase requires that
the vehicle first be rotated and accelerated downrange, then turned to a
vertical position for the coast. Following the coast phase, the orientation
procedure is reversed to decelerate the vehicle.

Constant Thrust Analysis

Analysis was conducted to investigate the use of constant thrust during the
entire lunar translation maneuver. This analysis was performed to evaluate
the feasibility of the method and thereby to indicate whether adjustments of
thrust level are necessary during translation. The study includes inves-

- ‘tigation of the effects of engine gimbal capability, vehicle orientation

" and the presence of an intermediate coast phase on characteristics of the
translation maneuver. ‘

Maneuver Method. In the translation analysis conducted, the thrust is con-
stant during the entire translat:on maneuver. The maneuver profile is
illustrated in Figure 93. The vehicle is initially in a vertical hover or
near-hover position with no horizontal velocity. It is then rotated to the
required orientation angle (measured from the local horizontal) by gimbaling

. the main engine. When the vehicle has rotated through half of the desired

angle, the engine is gimbaled in the opposite direction to apply a deceler-
ating moment to stop-the rotation at the desired orientation angle. The
thrust vector is then directed through the vehicle center of gravity. Imn
the tilted position, the horizontal thrust component provides the horizontal
acceleration. The vehicle then accelerates in the horizontal direction for

a specified time. The rotation procedure is then reversed by engine gimbaling
to attain the desired orientation angle for horizontal deceleration. The
vehicle decelerates until the horizontal velocity is such that if the vehicle
begins to rotate back to a vertical position at this point, it will have a
zero horizontal velocity when it reaches the vertical position. The final
descent to the planetary surface can then be made.
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Pngine Gimbaling. The analysis of the single-engine, constant thrust

transiation technique includes a finite interval for vehicle oriemtationm,
but it assumes that engine gimbaling is instantaneous. For a typical
translation maneuver, the vehicle turning requires approximately 3 to k
seconds, while the engine gimbaling time is 0.2 to 0.3 seconds. If
transient motion of the engine were considered, torque on the vehicle,
and therefore vehicle angular acceleration, would reach the naminal value
during the finite time required to gimbal the engine rather than instan-
taneously, as assumed; the analysis model vehicle therefore receives
slightly more angular impulse than it would in reality, and it perfomms
the turn maneuver slightly faster than it actually could. This effect
was examined by using a slightly smaller vehicle angular acceleration
during the turning maneuvers. Results indicated that a small change in
angular acceleration has a very small effect on the overall trajectory
and translation times, which justifies the assumption of instantaneous
gimbal motion in subsequent analysis. :

The significance of the magnitude of engine-gimbal angle on the overall
translation trajectory was evaluated. For relatively small angles,
representative of the normal range of rocket engine gimbal capabilities,
gimbal angle is directly proportional to vehicle angular acceleration, .
and therefore governs the dynamics of the turn portions of translation
maneuvers. : :

Comparison of Figure 9l and 95show.that for an increase in gimbal angle,
the same horizontal distance is covered in a slightly shorter time for
the higher gimbal angle, based on the same vehicle orientation angle. ,
Also for the higher gimbal angle, the loss in altitude during the trans-
lation maneuver is slightly greater since the rotation intervals, during
which the vertical component of thrust is greatest, are shorter.

Vehicle Orientation Angle. At a given thrust level, the horizontal thrust

component is greater for smaller vehicle orientation angles; as a result
greater horizontal velocities and distances are attained in the same maneuver .
duration. The data presented in Figure 96 can be compared with Figure 9k
to show the -effect of vehicle orientation angle. The data are for an
initial vehicle thrust-to-weight ratio of 1.0. With the smaller vehicle

~ orientation angle, there is less vertical thrust camponeni, and the vehicle

loses more altitude during the translation maneuver. If descent is not
desired when smaller vehicle orientation angles are used, the thrust-to-
weight ratio could be increased such that the vertical camponent of thrust-
to-weight ratio is slightly less than 1.0. This will result in near-constant
altitude during the translation maneuver. -
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Constant Altitude Translation. An analysis of the feasibility of maintaining
a near-constant altitude during the translation maneuver was made. A vehicle
orientation angle of 60 degrees, a gimbal angle of j_Sdegrees and vehicle
angular acceleration of 10 deg/sec? were used. Representative results are
presented in Figure 97 . An initial thrust-to-weight ratio greater than 1.0
was employed so that after the vehicle assumed an angle 30 degrees from the
vertical, the vertical component of thrust-to-weight ratio was slightly less
than 1.0. This allowed the vehicle to rise slightly during the tilting
procedure and then descend during the acceleration phase. Then, because
vehicle weight decreased as propellant was consumed, a gradual ascent occurred
during the deceleration phase.

The analysis results indicate that a near-constant altitude translation
maneuver can be accomplished above the surface by applying a constant thrust
throughout the maneuver. The restrictions are simply that the thrust and/or
vehicle orientation angle must be selected so that the correct vertical
ccmponent of thrust-to-weight ratio is obtained.

Intermediate Coast Phase. One alternative to the rear-constant altitude
translation maneuver described above is a coast phase introduced between the
acceleration and deceleration phases. Analysis of coast phase indicates that
it offers few advantages other than a longer translation time, which provides
more time for surveillance, and a small saving in propellant if the optimm
orientation angle and coast time are used. -

A comparison of the propellant consumption for coast and no-coast translation
maneuvers is presented in Figure 98 . The comparison, tased onresults from
Reference k , shows that there is a small saving in propellant attributable
to the coast phase. The penalties or benefits associated with a coast phase
for the constant thrust method were evaluated by interruptirg a translation
trajectory between the deceleration and acceleration phases by a coast phase.
During coast, the vehicle was vertically oriented.

A constant altitude trajectory similar to that shown in Figure 97 was selected
for analysis. A coast phase at constant velocity was introduced for a
specified translation distance. During the coast phase, a thrust-to-weight
ratio of 1.0 was used to maintain a constant altitude (throttling required).
At the end of the coast phase, the braking and final rotation manenver were
campleted. A comparison of fuel consumption for an acceleration-deceleratiom -
translation versus an acceleration-coast-deceleration translation is shoun
in Table 6 .
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TABIE 6

FROFELLANT CO:SUMPTIOR (ﬁp) FR A COAST
VERSTS :
A NO-COAST TRARSLATION

Orientation Translation vV Wp,
Angle, degrees Distance,feet Vith goast, Yo~Coast,pounds
_pounds —
60 2940 423 408
60 5112 614 » 529
45 5025 481 ] 485
45 8649 - 669 625
30 8437 616 670

30 14530 837 860

The results (Table 6 ) show that as the orientation angle is
reduced to zn angle of 45 degrees or smaller, there is a savings
in propellant realized by use of 2 coast phase; but as coast
distances =zre increased, study results indicate that this benefit
is reduced znd the no-coast translation eventuelly becomes
desirable for any given orientetion angle., This indicates that
there is zn optirum orientation angle, mrobably nezr 30 degrees,
end aleo an optimum coast tine, essociated with trajectories
enploying a coast phase., Precise optimm values were not deter-
mined in this study, since it was felt that the larger orientation
angles (near vertical vehicle orientation) were of greater impar-
tance and nore practical., Also, if the coast phase is used,
nidneneuver throttling must be provided in order to reduce the
thrust~to-weight ratio to 1.0 during the coast. Departure froam
the constant-thrust feature of this translation method detracts
sonewhat from its attractiveness,

Vehicle Orientation — Constant Altitude Maneuver, Study
results indicated that a vehicle orientation angle of 45 degrees was
optirun with respect to propellant consumption for translations with-
out a coast phase. The result is shown graphically in Figure 99foar
an srbitrary planetary body; optimun orientation was independenmt of
the local gravity constamt. If a coast phase is introduced, the
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optimm orientation angle was less than 45 degrees, although, as
mentioned above, precise values were not determined, :

However, there are considerations which make the larger orientation
angles appear nore practical. With the smaller or near~optimum
crientation angles, the horizontal thrust-to-weight-ratio component
approaches unity and the horizontal accelerations become quite large.
This nay nake translations of short distances very difficult, if
not impossible, since some rance is attained dwring turning, Far
translations of greater distances, the harizontal velocity can be-
come so great that the ability to select a landing site ar to

avoid local obstacles might be impaired. Tipping the vehicle over
to the smaller orientation angles also might prevent, if it
suddenly becane necessary, the execution of en abart —aneuver,

A comparison of two orientation angles to show their effects on
norizontal velocities and translztion ¢ istances far the accelera-
tion phase of 2 translation nmaneuver are presented in Figure 100,
The propellant weight, time, and naximmm velocity attained far
several constant-altitude translation distences and two orientation
angles azre presented in Table 7 .

TAHIE ¥

EFFECTS (F VEHICLE (RIENTATION ANGLE (¢) ON CONSTANT
ALTITUDE TRANSLATIORS

Transletion Propellant Time, Max immm

'] el [

Distance,feet Helghtt Seconds gg}ogq ig ft/sec
S5 70 :

¥, degrees 45 70 45 170
500 165 195 23 34 L7 ‘32
2000 318 38 44 66 T 59
5000 480 &5 67 110 145 9%

#the propellant weights given are based on
a 10,000-pound vehicle, T
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Effect of Gravity Constent. A representative set of translztion
naneuver conditions was formulated to evaluste the effect of
gravity constant on velocity requirements far a selected maneuver,
and thereby to obtain a basis far comparison of the propulsion
requirements far lunar translation maneuvers, which have been
analyzed extensively, and translation maneuvers on other planetary
bodies. Thrust was held constant in all cases at a value selected
to provide a near-constant altitude maneuver. An intermediate
coast phase was not utilized. The vehicle was oriented at 30 degrees
from the vertical during the acceleration and deceleration phases
of the maneuver; other pertinent data are listed below.

Horizontal distance 3000 feet
Altitude (initial) 1000 feet -
Vehicle (Earth) weight 10,000 pounds
Gimbal engle 1 5 degrees
Vehicle angular acceleration ( ) 10 deg/sec?
Specific Impulse (Ig) 300 seconds

Results of the study are presented in Figurelgl, It is interesting
to note that the selected maneuver requires 390 ft/sec AV -at the
moon and 1070 f£t/sec zt Earth; the ratio is fazr from the 631 ratio -
of gravity constants. Thus, though the propulsion system hes six
times the thrust, and expends six times 25 much propellant at

Earth es at the moon to maintain a constant altitude, it sirml-
taneously benefits by having six times the capability far horizon-
tel acceleration amd deceleration, A4s a resuli, the given trans-
lation distance is traversed faster on the Earth than on the moon,
and the AV requirements depart markedly from a 6:1 ratio,

Performance Summary

Figure 102 presents Lunar translation distances and loss in altitude
versus propellant weight or firing tize for varicus vehicle arienta-
tion angles. This data is based on an initial vehicle thrust-to-
weight ratio of 1.0 and constant thrust throughout the maneuver, :
(In this case, no attempt was made to maintain a constant altitude.)
In all of the examples presented, an initial vehicle Earth weight '
of 10,000 pounds was used.

4 comparison of propellant weight versus constant-altitude transla-
tion distance is presented in Figure 303 for various methods of
translstion. Curves 1 to 5, normalized to a specific impulse of
300 seconds for comparison to the results of the present study,
were obtained from Reference . Curve 1 is for a ballistie
maneuver system., The results drawn in Curves 2 and 3 are for
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constant-altitude translztion with the miltiple-engine concept.
Curves 4 axd 5 zre for the single engine (throttleable) constant-
altitude translation systen. (The optimm vehicle orientation
angles are 45 decrees without a coast phase and 30 degrees from
horizontal with the coast phase.)

The curves 6 to @ zre far the near-constant altitudeyconstant-thrust
systems without a coast rhase. The approrriate thrust level was
used for each orientation angle., A slightly greater propellant
consumction is indicsted in curve 6 than in cwrve 5, although they
are bzsieally the same system, However, curve 5 is based on the
assunption that the vehicle rotation time is zero; therefore,

the curve coes not reflect rropellant burned during the turning
operations. In the ana2lrsis it was found that for rotation rates
of practicel interest, the turningc orerations reguired from 2 to 6
seconds 22 the entire naneuver required three (four with an
intermediate coast thase) turning operations. Since for the
smeller oriemtation angles, larger thrusts are required to main-
tain a ccnstant altitude ciring trenslation, the mropellant used
while twrnins the vehicle could be significent. If the propellant
used to rotzie the vehicle is considered, the single engine system
of Reference 5 compzres very closely, with respect to propellant
consuned, to the nethod analyzed,

Review of the znzlysis and results indicates-that the ballistie
system offers the —ost favorable propellant economy for downe

range translation (aprroxinstely 25 percent less mropellant than

a single-enzine, contimious-powered system far a given naneuver).
Hovever, severzal disacdvertazes exist: engine restarts are required;
lerge vehicle tilt ancles can exist; the cowrrange distance cannot
be changed emroute; and nigh altitude trajectories preventing
surveillence can result,

For the ultlencine harizontal translation system, however, the
systen hes the disedventaze of requiring sdditionel restartable
engines, and the axxiliary engine rmst be located at the wvehicle

to prevent vehicle rotation, or the main engine must be gim-
balled to meirtain a constant attitude.

The single ergine contimous~powered translation method appears to
be the best with respect to simplieity, reliability, and versa-
tility. This nethod eliminates the requirerment of engine restart.
Use of a throttleable nmain engine allows a contimous constant
altitude, but requires thrust adjustment during the maneuver,

The optimm angles far single engine translation maneuvers (45
degrees if no intermediate coast phase is employed; 30 degrees

~with coast) are somewhet high for short translation distances,
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the horizontal velocity with these tilt angles might be excessive
for ground surveillance. The propellant-consumption decrease
obtainable by the use of coast phase does not appear to warrant
the additional rotation maneuvers required.

The investigation of constant thrust translotion showed that
translation with either increasing, decreasing, or approximately
constant altitude can be achieved with a constant engine thrust.
However, the thrust at initiation of the maneuver must be the amount
specified to achieve the desired translation trajectory. An
intermediate horizontal coast phase between the acceleration and
deceleration phases was examined and found to require throttling

to prevent altitude change, and, in general, did not offer signi-
ficant benefits,

The engine gimballing conditions (angles and rates) do not appear
to be a eritiecal factor. Changes in engine gimballing produce
only very slight changes in the overall translation maneuver,
Vehicle orientation (tilt) angles are not critical for short
translation distances, but in general have =z pronounced effect on
translation trajectory characteristics.

152
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| FINAL-TESCENT PHASE OF A LUNAR LANDING

The final propulsive mareuver in the course of landing a space vehicle
on the surface of the riooen will very likely be a vertical descent from a
position a few feet to a few hundred feet directly above the desired
lsnding site (the termirsl point of a translation mareuver). For ideal
execution of the maneuver, the velocity will reach zero precisely at
touchdown; for nonidesl casses, reascnable velocities can be mechanically
absorbed by various types of landing gear. It is strongly probable

thzt the main landing engine will be utilized for the vertical-descent
maneuvers

Analysis of Velocity Recuirements

The velocity requirement ( AV) for performance of the descent maneuver
is dependent on the following parameters:

le Initial altitude

2 Initizl descent rate

3. Maximum thrust svailable
L. Throttling ratio

For sny values of initial altitude and descent rate, the descent maneuver
requires least propellant if it is divided into a f ree-fall phase (which
is equivalent to an infinitely throttled engine) followed by an impulsive
velocity addition (which is equivalent to infinite msximum thrust). The '
former condition is generslly unacceptable, since there is no practical
prossibility of safe stort if, following free-fall, engine ignition fails
to occur. The closest alternative to free-fall is to use the landing
engine throttled to its lowest thrust level. For the second phase, the

maximum thrust is the optimum vdl ue selected for the major braking maneuver.

Thus, the high-thrust portion of the descent maneuver is performed by the
landing engine in an unthrottled condition. '

Alternatives to this two-step thrust program can be formulated; e.g.,
velocity can be cancelled uniformly if desired by suitable application of
continuous throttling capsbility. This approach, however, is less
economical than the two-step spproach; the only gain is a reduction in
deceleration forces, and these are already quite small in comparison to
human or equipment tolerance limits.
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The effects of thrciiling ratio and initial altitude are presented in
Figure 104 . (Tze indicated value of F/W max (€.0) is typicsl of the
burnout thrust-to-weight ratio of an optimized direct landing or landing-
from-crbit stage. The F/W max represents the product of the initial
stage thrust-to-weight ratio and the ratio of initial stage weight,
including psyload, to stage weight at the start of the vertical descent
phase). The rzpid AV increzse accompanying reduction of throttling

ratio to values below 10:1 indicates that the net force on the vehicle
(i.e., lunar gravity “orce minus thrust) is too small in this region to
promote adequaie dcwnward motion. (A pilot might appreciate the gentleness
and related sense of security of this landing, but the propellant penalty
associated with prolenging the descent must be classed as an extravagance
in a mission where weight is critical). One curve of Figure 10k was
extended to infinite throttling ratio to indicate the magnitude of gain
realized by ixproving adegqueste (i.e., spproximately 15:1) throttling to
complete (i.e., exgire off) throttling. The difference is only 5 ft/sec.

In each of the curves of Figure 10k, a narrow range of throttling ratio
is indicated in whichk a rapid transition from high to low values of
change in velocity reguirement per unit throttling ratio (e.g., 31 ft/sec
change in AV as throttling ratio change from 7:1 to 8:1 on the 150~

feet altitude curve, but a change of only 3 ft/sec as throttling ratio
changes from 11:1 40 12:1) occurs. The approximate centerpoint of this
region, or "knee" (which might be either more or less pronounced in its
appearsnce aré displzced somewhat along the abscissa if the coordinate
scales were different from the presentation in Figure 10h), is rela-
tively insensiiive %0 initial asltitude, ranging from approximately 9:1
for an altitude of 50 feet to zbout 11:1 for 500 feet. The location of
the knee represeris s useful estimate of the design point for a laending
propulsion system. More significant in determining where the knee

occurs is the initial value of F/W, as shown in Figure 3105. The middle
curve is repeasted from Figure 104 . As initial F/W varies from L to 8, the
knee (indicated A ) ranges over throttling ratios of approximately 7:1 to
12:1.

Descent characteristics for a representative case sre illustrated in
Figere 106. It is apparent that maximum velocity attained increases with
throttling ratio, with free-fall representing the limiting condition.
However, propellsrnt consumption decreases as throttling ratio increases;
therefore, a closely controlled descent (e.g., one comparable to the 8:1
throttling ratio curve, which at no time exceeds 20 ft/sec), however
beneficial frem a pilot point of view, requires a propellant expenditure
greater than that required for a faster descent maneuver.

15k
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'The effect of initial descent rate is 1Luatrated in Figure 107. For descemt

rates in excess of 25 ft/sec, the reascn for the upward AV trend shown in
Figure 10Tis obvious; a higher velocity initially requires that a greater
velocity be cancelled propulsively. The existence of optima on the
indicated curves is, however, not so self-evident. Their presence reveals
that the propulsion system can achieve greater overall efficiency, despite
the need to cancel additional velocity, if the durztion of the descent
maneuver (and with it, gravity loss) is reduced by the presence of a
nonzero initial descent rate. The optimum initial descent rate is far
more pronounced when the minimum thrust level is close to the weight of
the landing vehicle (i.e., when throttling capability is limited). An
additional characteristic to be noted on Figure 107is that the curves
terminate at an initial descent mte of 75 ft/sec. The reason is that

as initial descent rate increasss, a pcint is reached where the constraint
that velocity and altitude reach zero simultareously can be satisfied
only if the high thrust level is employed exclusively; at still higher
initial descent rates, the constraint carnot be satisfied.

The effects of the high-level and low-level F/W values on the descent
maneuver velocity requirements are presented in Figure 108. At low
values of the upper thrust level, (F/W)max, thrust is insufficient to
perform the second phase of the descent efficiently; wvelocity requirements
are therefore high. At high values of (F/W)p.., the related lower thrust
level (equal to maximum thrust divided by throttling ratio) is too high
to permit efficient performance of the first phase of the descent; again
velocity requirements are high. Between these extremes, an optimum
(F/W)pax exists for each value of throttling ratio. The limiting (lowest)
value of AV possible occurs when both thrust and throttling ratio are
infinite; for the set of initial and finszl conditions stated in Figure
108 , the minimum AV is approximately LS ft/sec.

It is evident from the data presented in Figures 10l,105 , 107, and 108
that the propellant requirements associated with the vertical-descent

phase of a lunar landing are small in compzrison to the propellant required
for the braking and translation maneuvers. The vertical-descent phsse isg,
however, of primary importance in determining the throttling ratio required
in the engine design. In a detailed system evaluation, the velocity re-
duction provided by increased depth of throttling must be weighed against
the weight, and possibly reliability, panslties accompanying the use of a
more flexible system.

Figurel09 is presented to illustrate the effect of the gravitational
constant on vertical-descent-maneuver velociiy requirements. Unlike the
major braking maneuver, whose comparative Earth:moon velocity requirement.
does not deviate too far from the 6:1 ratio of gravity constants, the AV
for vertical descent at Earth is, over the indicated range of throttling
ratios, less than 3 times the comparable value for the moon. The reason
is simply that the two systems considered are identical when first- and
second-phase accelerations are compared in units of local g's, but widely

18
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different in terms of distance/time squared acceleration units. Thus,
the verticzl descent, whose first phese actually tenefits from high .
accelersticn, reflects the advantaze of performing the maneuver in the
Earth's gravitationsl field rather than the moon's.

Conclusions

The ideal-velocity capability required for performance of a vertical-
descent maneuver to the lunar surface:

1.

2.

3.

Se

Is approximately 75 ft/sec for a typicsl case in which
initial altitude is 200 feet, initial descent rate is zero,
mzximum thrust-to-weight ratio is 6, and throttling ratio
is 10:1

Decreases as throttling ratio incresses, although for most
csses, throttling capability beyond 10:1 provides only small
benefits.

Increzses with increasing initial altitude (e.g., approximstely
125 ft/sec for descent from 500 ft altitude).

Is less for relatively low non-zero initial descent rates

ther 2% Zg Zcr a zero initial rate of descent. An optizum

initial descent rate exists, and is dependent on initial
titude, maximum thrust and throttling raztio.

Is a function of maximm F/W, 2nd displays an optimum which
is dependent primarily on throttliag ratio.

The maximum velocity achieved during a vertical descent maneuver
increases with increasing throttling ratio. However, deliderate reduc-
tion of maximum velocity, attained by employing less-~than-available
throttling, imposes an increased propellant requirement on the vehicle

system.
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TOUCHDOWN STABILITY

An analysis was conducied toevaluate the trajectory, terrain and vehicle
factors governing touchdown stability of an:z ssumed lunar landing vehicle.
The vehicle s tability criterion was besed on the condition that angular
kinetic energy of the vehicle at impact besufficient to rotate the
vehicle to an unstable position.

The vehicle impacts the surface with an initial kinetic energy which is
the result of a residual vehicle velocity (V). Since the landing legs
have the ability (by design) to absorb energy, the energy associated

with the velocity component (VL) along the leg is sssumed io be completely
absorbed. The energy aciing to tip the vehicle is associated with the
velocity component (Vg) perpendicular to the leg {see illustration below).
This energy is equated to the potential energy required to 1ift the

center of gravity (cg) to the point of instability; that is, the vehicle
rotates about the point of impact until the c¢g swings through the

vertical (point of instadbility), and the vehicle falls on its side.

Point of Instability

O

\ \ \ \

Surface A \ \ N

Once Vp is determired, V may be determined, which yields Vy and Vys the
components of the vehicle velocity vector in the horizontal and verticsl
directions, respectively.

In the case of hindleg impact, first the hindleg strikes the ground and
then the foreleg. In each instance, the kinetic energy associated with

the velocity component directed along each leg is assumed to be completely
absorbed. Downhill impact is analyzed because the vehicle is inherently
less stable on a downgrade than on an upgrade.

163
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The vehicle parameters utilized are described in the figures below.

Hindl ct Foreleg Impact

Direction of Horizontal
Component of Vehicle
Vector ————o=

qut

-

Vertical distance to cg from base

L

D : Distance from foot to center of base

Ol : Surface inclination from horizontsl

&: Angle of impact (angle between base and surface at point
of 1mp;et) |

V s Vehicle velocity vector
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The angular kinetié energy, Ex, at impact is

2
Ex = %1 gé'i;%n_)) sin® . [d+ @ + arctan (L/D) -arctan (%)]

where I is the moment of inertia about the point of impact, and the other
terms are as defined previously. In the case of foreleg impzct, the
vehicle will tip over if Ex exceeds the potential energy, Ep, which is
defined by the expression,

Ep = ug (D2 « Lz)% l - sin{[dw @ + arctan (L/Di

where m = vehicle mass
g = local gravitational constant

The case of hindleg impact differs in that the angular kinetic energy :
increases as the vehicle rotates from the hindleg to the foreleg contact
position. The forelsg subsequently absorbs energy directed along its
length; the stability of the wvehicle is governed by the remaining
velocity component perpendicular to the foreleg.

For the selected example, nominal vehicle parameters were:

L = 20 feet

D =1l feet

& = 0, 15 degrees

@ =0, 5, 10, 15, 20 degrees
I = 525,700 slug-ft2 |
W = 35,000 pounds

Each of the parameters previously defined affects vehicle stability. .
The analysis was conducted to evaluate the effect on Vy and Vg of -

Regions of stability and instability are indicated in Figures1i0 through
112 . Each line defines the vehicle velocity limits if the vehicle is
to remain upright after impact. The actusk vehicle velocity vector is
represented by the directed line segment frem the origin (0, 0) to the
point (Vg, Vy). Both magnitude and direction are shown on the plot. It
is evident that for a particular value of descent rate at impact, the
allowable lateral velocity component decreases as impact angle increases..

)
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A case vhen the moment of inertia is 100,000 sl -rt2 is shown in
Figure110 for purposes of comparison with the nominal value of
noment of inertia. It can be seen that the vehicle becozes xore
stable as the moment of inertis decreases,

In the case of hindleg impact, part of the initiel energy is
absorbed by the rear legs and part by the front legs. Kinetic
energy is added (due to the potential energy decrease of the cg)
as the vehicle rotates about the hindlecs and impacts on the
front legs. Part of this energcy 2ddition shous up as increased
velocity available to tip the vehicle. Thus, the wehicle sta-
bility cwrves have a different aprearance in the case far

hi.ndleg impact.

The results of L and D pertwrbations are shown in FigwreX12,
The reference line is for L =20 2nd D = 14. The effect of

vehicle geometry can be seen since all other perameters were
held constant.

The energy required to fip the vehicle is presemted in Figure 113

" as a function of the angles between the vehicle, the surface,

and the horizontal. The energy vslues are obtained from poten-
tial energy considerationms, v

A conpzrison was made between the results of this analysis and
those obtained in an analytical and experizental study on a
perticuler small landing vehicle (Reference 5 ). Reasonsble .
agreenent between results is shown by the curves of Figure 11h
The differences can be attributed to the sliding (a factar which
was not included in this study) of the experimental wvehicle,
which mace the vehicle more stable.Thee presence or absence of
sliding is strongly dependent on surface terrain, and the assump-
tion that sliding does not occur, which is equivalent to an
essumption of an infinite friction coefficient, is therefore a
conservative approach for selection of safe limits for the
terminal velocity components of a landing vehicle,

Although only one value of the gravity constant is pertinent to

a lunsr analysis, it is significant to note that far a particula
landing vehicle configuration, the velocity conditions which provide
stable impact are dependent on the local gravitational constant;
i.e., on the planetary body upon which the landing 1s performed.
Thus, allowsble terminal velocity components specified to yield
stable impact on the moon may be inappropriate as specificsbiom

for landings on other planetary bodies,
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170




sj[nsey 1eoIATeUY Jo uosjredwodenyy Sia

8

o
n

o
«

A DIVISION OF NORTH AMERICAN AVIATION. 1INC

ROCKETDYNE

[=d
on

o
()

oés/u (AA) jusuodwo)) L1003 A TEITMIA

o
4

/ﬂ/
AN _HETEATEUR, 8143 Xq aAIng
1, d
. .00 = 6 1}'
—— f e - _oo "
ww mo.m g T~
e =7
Nﬁ..wﬂm,.wm.wg =1 vljv TR
$qQT SE°NTL = M Alﬁ
62°J9Y. woay 955_!\ N
uoctTd9y eyqejsup -
N
\
04 09 0S 1]4 0g (114 (1] §

098/Y Amz uauodwo) A}J00[3 A [BJUOZIIOH

Q
-

v e AT AN



ROCKETIDYNE

\ A DIVISION OF NORTM AMENICAN AVIATION. INC

The results of a study of the effect of gravitational constant on
irpact stability are sumerized in Figure 115, The term, critical
lateral velocity, represents the maxi—un horizontal velceity
component which can be tolerated (in conjunetion with the indicsted
vertical velocity component) if the vehicle is to come to rest in
an uricht position, It is evident that for a given landing vehicle
weight and geometry, the allowable velocit; linits far stable inm-

"pact are higher in p stronger gravitetionzl field. This condition

results from the fact that the increzse in potential energy recuired

to tip a vehicle is directly rroportionsl to the local gravitastional
acceleration, : ' ‘
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EARTH-MERCURY MISSIONS

TRANSFER PHASE

Selection of an interplanetary trajectory for a Mercury mission is strongly
dependent on the nature of the mission: e.g., 21 unmanned probe whose
function is the collection of data enroute to, and in the immediate vicinity
of, Merc (and which subsequently goes into solar orbit or impacts the Sun
or Mercury) requires a trajectory which minimizes Barth-departure propulsien
requirements and disregards Mercury arrival conditions, while a soft=landing
vehicle, either manned or unmanned, requires a trajectory which minimizes
the combined propulsion requirements for the Earth-departure and Mercury-
landing phases, : ‘

For a selected probe mission, the Earth-departure velocity requirements are
presented in Figure 116 for a 1966 launch at near-mini Earth departure
velocity conditions. A 100-day iransfer initiated on 15 December 1966 re-
quires an Earth hyperbolic excess velocity of 21,500 ft/sec. The arrival
velocity for this mission is 53,000 ft/sec. A

In contrast to a probe mission, for a soft-landing mission, it is desirable
to find trajectories such that the arrival velocity is lowered while in=-
creasing the launch velocity in order to minimize overall velocitiy require-
ments. From an optimum vehicle-system standpoint, it might be preferahls

to utilize trajectories biased toward higher-than-optimum departure wvelocity
requirements in return for reductions in arrival velocity requirements,
thereby reducing the amount of propellant which must be stored and shielded
for approximately three months in the space environment,

Since detailed three-dimensional Mercury trajectory data are not presently
available, an analysis of Mercury orbit establishment missions for the

1970-75 time period was performed using a Rocketdyne ballistic interplan-
etary trajectory program., The program calculates hyperbolic departure (%) -
and arrival velocities (Va) for three-dimensional heliocentric conie sect*m N
trajectories,

The results are presentied in terms of hyperbolic velocities, and alse as

the impulsive velocity increments for the cases of departure from 300=-a mi
Earth orbit and establishment of 300-n mi Mercurian orbit, The hyperbolie N
velocity is related to impulsive velocity for orbit-establishment bys )

1/2
Ve (V2 & vpz) -V,

vhere Veq 1s the circular orbit velocity and V), is the planstary escaps
velocity at the parking orbit altitude, . 7
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Transfer Trajectory Criteria

The analysis was based on a transfer trajeclory in a plane defined by the
vehicle (at Earth launch), the Sun, and the rendezvous position at the
target planet. Therefore, because of the inclination angle (7 deg O min)
between the orbital plane of Mercury and the ecliptic, a plane-change from
the ecliptic is required. To minimize guidance requirements, this plane
change is made at launch for the missions considered; therefore, as the
angular travel of the trajectories approaches 180 degrees, the inclination
of the transfer plane with respect to the ecliptic approaches 90 degrees.
As this occurs, the Earth's heliocentric orbital velocity provides a pro-
gressively smaller fraction of the vehicle transfer velocity, and the
energy requirements increase correspondingly. Of course, if the trensfer
is made from node to node, the three defining points lie on a straight
line, and therefore, the trajectory plane may have any desired inclination,

The goal of the probe mission trajectory was to minimize the launch
velocity. This was achieved by finding trajectories in which the vehicle
reached Mercury near its aphelion, after approximately 160 degrees of an=
gular travel about the Sun. An ecliptic projection sketch of this trejec-
tory is depicted in Figure 117+ For this trajectory, there is a fairly
large angle between the velocity vectors of the vehicle and Mercury at
rendezvous. At this time, the magnitude of the (helioceniric) velocity
of the vehicle is 167,000 ft/sec, and that of Mercury is 128,000 ft/sec.

To achieve a suitable trajectory for a Mercury landing mission, it is
necessary to (a) reduce the angle between the two velocity vectors and
(b) reduce the difference in magnitude of the two velocities, thereby re=
ducing the vector difference of the velocities, which is the hyperboliec
arrival velocity. '

The angle between the velocity vectors may be reduced in the desired
trajectory by launching at a nodal point such that the vehicle is injected
into the plane of the orbit of Mercury and traverses an angular travel such
that the orbits are nearly cotangent at rendesvous,

The possibility of such a nodal transfer was investigated for the 1970~
1975 time period. Trajectory computations indicated that, while no exact
nodal iransfer cotangent to the orbit of ihe Earth at launch and the orbit
of Mercury at arrival can occur in the time period considered, a near-nodal
trip may be performsd in 1973, launching at the descending node, -

By launching at the descending node in 1973, the vehicle is injected imte '

the plane of Mercury and then the total vehicle angular iravel is made as
near 180 degrees as the aforementioned consiraints will allow, The trensfer
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is thereby made as near to minimum-energy (Hohmann) as possible, This
transfer trajectory is illustrated in Figure 118, By launching the
vehicle approximately at the node, it is injected very nearly into the
orbit of Mercury. In addition, the orbits are nearly cotangent at
rendezvous, .

Selected Transfer Trajectory

Earth-Mercury trajectories are characterized by the fact that a small
variance in trip time and/or launch date produces sharp increases in en-
ergy requirements. Since precise launch dates are difficult to guarantes,
an array of trajectories was computed about this nodal launch to indicate
the effects of varying launch date and trip time. The results are presented
in Figures 119 and 120 in the form of contour charts.

The minimam energy t¢ransfer in this array is a 90-day trip, launched on
10 May 1973, The trajectory is characterized by a hyperbolic departure
velocity of 31,000 ft/sec, (a 22,000 fi/sec impulsive ideal velocity
increment to depart from a 300-n mi Earth parking orbit). The hyperbolic
arrival velocity is 27,000 ft/sec, (a 21,000 fi/sec impulsive velocity
increment establishes a 300-n mi Mercurian circular orbit).

The hyperbolic arrival velocity magnitude is 30,000 ft/sec or less if the
launch occurs in the interval 6 May to 13 May 1973 (Figure 121 ). There

is infrequent cyclic repetition for this mission; the next time a fairly-
similar transfer can be accomplished is 1986, For intervening launch dates,
minimum hyperbolic arrival velocities will be considerably higher (on the
order of 50,000 fi/sec).

MERCURY ORBIT ESTABLISHMENT

Deceleration from the Earth-Mercury transfer trajectory (30,000 ft/sec
hyperbolic arrival velocity) into a 300-n mile circular, Mercurian orbit
requires a velocity change in excess of 23,000 fi/sec. For finite thrust
systems of practical interest, this corresponds to an ideal velocity ine
crement close to 21,000 ft/sec. Single stage systems for this maneuver
were analyzed; however, this magnitude of AV represents essentially the
practical limit of capability for single stage propulsion systems. The ’
task is better suited to two-stage (or staged propellant tanks) vehicle
systems, which were also evaluated, ’

Single Stage Analysis
For the analysis of single stage propulsion systems, the nonographs

presented in Figures 122 and 123 (in conjunction with techniques described
previously for Earth orbit-establishment maneuvers) were utilized. The
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Transfer trajectory

Fig.118, 90-Day Earth-Mercury Trajectory
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results for a propulsion system representative of a pump-fed Oz/Hz system
are presented in Figure 12l . It is important to note that most of the
indicated payloads are negative; for the best case shown, only one pere
cent of the initial transfer wvehicle becomes useful payload in Mercury
orbit. This result points to a need for more efficient systems than single
stage chemical rockets for use in Mercury orbit establishment maneuvers,

Maltistage Analysis

Because the 23,560 ft/sec impulsive ideal velocity requirement for estabe
lishment of a 300-n mi Mercury orbit from a 30,000 ft/sec hyperboliec
arrival velocity is a ratker high ideal velocity to be supplied by a
single stage usirng conventional chemical propellants, a study was con=
ducted to evaluate the payload advantage of a vehicle with tank staging
or a two-siate vehicle in comparison to a reference single stage vehicle,
The purpose was also to determine the optimum thrust-to-weight ratios for
the three systems,

The vehicle comparisons presented are for a system with 40O seconds
specific impulse; this I; value was selected to be representative of
various high-energy propellants. Orbit establishment was accomplished

by means of a thrusi-parallel-to-velocity maneuver. Vehicle jettisoned
weights were assumed equal % the sum of a propellant-dependent weight and
a thrust-dependent weight, where propellant-cdependent weight = 0,08 x stage
propellant weight, and thrust-dependent weight = 0,02 x stage thrust lewvel,

A higher payload than that obtained by the use of a conventional single
stage vehicle can be achieved if the stage propellant is stored in several
tanks, and each tank is jettiscned (tank staging) when its propellant has
been consved, For the single stage vehicles with tamk staging, the pre=
pellant was assumed to be divided beitween two or more tank units with all
tank units of equal volume, The weight of the tank units was determined
using the propellant-dependent weight factor. No additional inert weight
was included for the added fixtures which a Jettisonable tank unit would
require, which results in somewhat optimistic values of payload for tenk-
staged vehicles. The thrust-dependent weight was added to the final

tank unit which remained at the end of the propulsive phase to obtain
final vehicle burnout weight,

Results of Investigation

The ideal velocity requirement for a 300-n mi Mercury orbit establishment -
maneuver is presented in Figure 125 for a single siage vehicle and for a
vehicle with continuous tank staging (emptied tanks are jettisoned an ine
Zinite number of times), The ideal velocity requirememts are slmost
identical, The results presented in Figure 126 show payload-to-gross weight
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ratio as a function of initial thrust-to-weight ratio for each of these
two orbit-establishment systems. For the single-stage vehicle, the
optimum thrust-to-Earth weight ratio is 0.21 and the corresponding maximum
payload-to-gross weight ratio is 0,081, while for the continuous tank-
staging vehicle, the optimum thrusi-tc-weight ratio is 0.2k, and the pay-
lcad to-gross weight is 0.127.

In figure 127,payload-to=-gross-weight ratio is presented as a function of
the number of times tanks are jettisoned. (This figure was based on the
assumption that all the tank-staging vehicles required an idedl wveloclty
requirement equal to that of the sirgle stage vehicle.)} An initial thruste
to-weight ratio of 0,2 was utilized %o obtain the data presented in

Figunre 127; the results shown in Figure 126 indicate that this initial
thrust-tc-weight ratio gives very nearly maximum values of payload-to=
gross weight ratio for bolh sirgle-stage and tank-staging vehicles,

For the two-stage Mercury orbit establishment vehicle, the ideal wvelocity
requirement depends upon tkhe thrust-to-weight ratios of both stages.

Ideal velocity require=ment versus initial first stage thrust-to-Earth
weight ratio, for four differert ratios of second stage/first stage thruste
to=weight ratios are presented in Figure 128, For the two-stage vehicles,
the total mission ideal velociity requirement is divided evenly between the
two stages, In Figure 129, the variation of payload-tc-gross weight ratie
with initial first stage thrust-tc=weight ratio for two-sztage orbiteestabe
lishment vehicles is shown. These data indicate that the maximmm vehicle
payload-tc=gross weight ratio resulis when both stages have thrust~to-stage
weight ratios of 0.5.

Though primary emphasis was on a hyperbolic arrival velocity of 30,000 ﬁ./seo,
the effect of hyperbolic arrival velocity on vehicle performance was ;
evaluated for the three types of vehicles considered in this study. Vehicle
payload-to~gross weight ratios are presented in Table 8 for hyperbolic '
arrival velocities of 20,000, 30,000, k0,000 and 50,000 ft/sec. The single-
stage and infinite tank-ctsging vehicles both have initial thrust~to-weight
ratios of 0.3. The two-stage vehicle has an initial thrust-tc-weight ratie
of 0.F in each stage,

Orbit-Bstablishment Vehicle Comparison. A single-siage vehicle, a twoe
etage vehicle, and a tank-siaging vehicle are compared in Tablesg 9 and 19
for the 30,000 ft/sec hyperbolic arrival velocity Mercury orbit-esteblishe
ment mission. An optimum thrust-to-weight ratio and the range of thruste
to~weight ratios which counld be used and deliver a payload which is within
2 percent of the optimum payload value are presented in Table 9 .
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EFFECT OF HYPERBOLIC ARRIVAL VELOCITY ON PAYLOAD

TABIE 8

Vehicle Payload-to-Cross Weight Ratioe -
| Vg*=20,000 | Vp=30,000 | VyeL0,000 | Vy=50,000
Single Stage 0.251 0,081 -0.006 -0.048
Mtﬂgﬁ 00265 Oollll 0.0111 00012
0o Tank Staging 0.279 0,128 0.055 | 0,021
Vehicle Percent of Vg = 30,000 Payload
Vi®20,000 | Vg®30,000 | VgeL0,000 | V50,000
Single Stage 310 100 0 o
Two-Stage 230 100 36 10
oo Tank Staging 220 100 L3 16
#Vg = Hyperbolic Arrival Velocity  ft/sec
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TABIE 9
MERCURY ORBIT RSTABLISHMENT VEHICLE
OPTIMUM THRUST - TO - WEIGHT BATIO

Mission: 30,000 ft/sec Hyperbolic Arrival Velocity Orbit Establishment

Optimmm
Initial
Vehicle F/us Initial /W Range for - 2 percent Payload
| Single Stage 0.31 | 0,17 ——— 0.53
FM, = 0.5 PR : 0,66 ———= 1,20
+ | FA, = F/ay 0.5 ‘ 0,31 ———= 0.82
FM, = 2 Ay 018 ———= 0.k0
N, = 4 FAG 0,15 ———= 0.20 -
00 Tank Staging 0.2% 012 — = 019

# Thrust-to-Weight Ratie

>
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TABIE 0
MERCURY ORBIT ESTABLISHMENT VEHICIRE AV AKD PAYLOAD

Mission: 30,000 ft/sec Hyperbolic Arrival Velocity Orbit Establishment

Approximate Ideal Payload to Percent of
Velocity Requirement, Gross Weight Single Stage
Vehicle ft/sec - Ratio Payload
S le Stage 211,000 00081 100
(F - 003) - -
Two-Stage 2l;,000 0.11l 53
(FAfy = 0.5)
(Fﬂz -'005)

Single Stage 24,000 0.017 132
Tanks Jettisoned .
One Time (FAl = 0.3)

Single Stage 2};,000 0.120 148

Tanks Jettisoned
" Four Times (FAl = 0.3)

195
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The data shown in Table 10 present mission ideal velocity requirements
and payload-to-gross weight ratios. The principal conclusion here is
that the two-stage configuration yields a Ll percent payload gain inm
comparison to the single stage vehicle for an orbit-establishment mission
from 30,000 ft/sec hyperbolic excess velocity,

ORBITAL IANDING AND TAKEOFF

The absence of an atmosphere about the planet Mercury dictates that
landing maneuvers be performed entirely propulsively; there is no ree-
course to aerodynamic assistance. The propulsion requirements for land=-
ing from orbit were obtained by computation of simulated landing treject=
cries and the results were applied to an investigation to determine the
ootimum vehicle thrust-to-weight ratio for the maneuver. Only single=
stage vehicles were considered since the ideal velocity requirements for
the landing maneuver, on the order of 11,000 to 12,000 fi/sec, are sufe

ficiently low to preclude the possibility of any sizable benefits by the
use of some form of staging ' _

.

Simmlated-Landing Trajectory.

In the trajectory utilized, the vehicle flight was simulated in the op~
posite direction from which a flight would aciually be performedo The
simlated flight initiated at the planet surface, and the vehicle operated
at a negative propellant-weight flowrate, to the orbit. The vehicle first
rose vertically until it reached a velocity of 50 ft/sec. It then turned
and the flight continued with the thrust vector directed parallel to
vehicle velocity. The angle of the turn was selected to satisfy the con=
gtraints that the vehicle be moving as nearly horizontally as possible at
the end of this propulsion phase, and that it never experiences a negative
altitude rate during the powered maneuver, (Previous lunar-lending
trajectory analyses have indicated this method to provide near minimume
erergy trajectories), The first propulsive phase was terminated when the
vehicle had sufficient velocity to coast to the desired orbital altitude
(300 n mi in this study)e. At apoapsis of the coasi phase, a constante
altitude, variable thrust-orientation angle maneuver was used to increase
the vehicle velocity to orbital velocity. Taus, the actual flight 1is pere
formed in a mamner similar to a lunar-landing maneuver; the first retro-
thrust phase transforms the circular orbit to a low periapsis ellipse,

and
following coast to periapsis, the propulsion system is restarted and operates

until landing is accomplished. Investigation of hovering/translation/final
descent requiremenis is not included,

196
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Thrust-*i;o-weight Ratio Effects

An ideal velocity requirement versus initial thrust-to-{Earth) weight

(in Mercurian orbit) ratio curve for landimg from a 300-n mi circular
Mercurian orbit is presented in Figure 130, Two values of specifiec
impulse, representing noncryogenic and high-energy, cryogenic pro-
pellants, were considered. The ideal velocity for the first propulsioa
phase (required to establish the elliptical path from the circular orbit)
is illustrated in Figure 131 as a function of periapsis altitude, and
Figure 132 shows the velocity at periapsis of the ellipse, Because allow= -
ance must be added to provide for translation and descent maneuvers, as
well as for a reserve propellant supply, the velocity data presented im
Figure 130 must be modified to provide useful design values of required
propulsion capability. On the basis of studies of lunar translation and
descent, it appears that 600 fi/sec for iranslation (which provides a
capability of 3000 £t translation) 300 fi/sec for vertical descent and

LOO ft/sec for reserve, are suitable for a Mercury landing-from-crbit
maneuver, Interpolation of Figure 109 (page 141) indicates that a throttling
ratio on the order of 9:1 or 1011 is suitable for performance of the verti-
cal descent maneuver,

The periapsis altitude required to assure that the final braking phase

will result in the vehicle reaching the surface with zero velocity is a
function of the vehicle FMW. A plot of required-periapsis altitude versus
F/W at the initiation of the landing is presented in Figure 133 . Availe
able environmental data indicate that the surface of Mercury may be :
similar to that of the moon; the highest lunar mountains are appreximately
26,000 ft, and it may be considered desirable to maintain periapsis ale
titude above this height for the landing maneuver on Mercury, A4s indicated-
in Figure133 (for a Lli0-sec specific impulse) only thrust~to-(Earth) weight
ratios above about 1,5 require periapsis altitudes below 30,000 feet; there--
fore, selection of lower F/W designs will circumvent this potential problem,

The thrust-to-Mercury weight ratio at the end of the descent-from-crbit

phase represents the throttling ratio required to achieve a 1:1 local PAI
at the start of the hover/translation phase., These data are presented as
a function of initisl thrusteto~Earth weight ratio in Figure 13k o

Vehicle Thrust .Selectio:!

The computed velocity data were utilized in conjunction with representa~

tive vehicle characteristics to determine the optimum thrugt-to-weight
ratios for typical noncryogenic and cryogenic propellant landing vehicles,
The results presented in FigureI35 indicate an optimum thrust-to-(Earth)
weight ratio between 0,8 and 0.,9. Earlier stiudies of lunar landing and
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planetary orbit establishment or departure maneuvers have demonstrated
the effects of various factors such as thrust-dependent or propellant-
dependent weights, which govern optimum FAM; a similar parametric an-
alysis will not be repeated here, .

Mercurian Takeoff Trajectories

Simnlated takeoff trajectories were determined for a vehicle which takes
off from the Mercurian surface to establish a 300-n mi circular orbit, In
the type of takeoff trajectory considered, the vehicle first rises vertically
until it reaches a velocity of 50 ft/sec. The vehicle then performs a turm
and the flight continues with thrust parallel to vehicle velocity, In a
manner similar to the landing trajectories described above, the angle of
the turn is selected so that the vehicle completes the propulsive maneuver
oriented as closely as possible to horizontal, but never experiences a
negative altitude rate during the propulsive interval. ZThis propulsive
phase is terminated when the vehicle has sufficient velocity to coast to
the desired orbital altitude. After the coast-to-orbital altitude, a
variable thrust-orientation angle, constant-altitude maneuver is used to
establish the orbit. This takeoff trajectory is basically the sams as the-
landing trajectory in reverse. In Figure 136 is shoun ideal velocity re-
quirement versus thrust-to-weight ratio for the Mercurian takeoff.

ERROR ANALYSIS FOR MERCURY LANDING-FROM-ORBIT MANEUVER

The analysis of landing position errors associated with propulsive land-
ing maneuvers initiated at the periapsis of an elliptical orbit about
Mercury was conducted in a manner similar to that employed for lunar land-
ing maneuvers. Nominal conditions appropriate to the high velocity
requirements of a Mercury mission were selected; these weres '

Orbit Parameters .
apoapsis: 300 nautical miles
periapsiss 120,000 feet

Propulsion Paramsters
initial thrusi-to-{Barth) weight ratios 0.9
specific impulse: 420 seconds

The characteristics of the nominal gravity-turn landing trajectory are
presented in Figure 137 . Though the nominal hover altitude of 42,000 feet
is far higher than would be required %o assure payload safety, the accuracy
of the error data to be presented are not adversely affected by this pare
ticular selection; the altitude curve can be vertically displaced over a

wide range without introducing a change in study results.

20k
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Error Analysis

The influence of deviaiions from nominal thrust on terminal point position
is shown in Figure 138, It is evident that when thrust and specific
impulse vary in unison, the effect of a given quantitative departure from
nominal operation is less pronounced than it is when thrust varies alone,

Coast trajectory conditions in a region on either side of the nominal
ignition point are presented in Figure 139, The indicated time span
corresponds to a range of i3 degrees of arc about the ellipse periapsis. -
The effect of an improperly timed ignition signal on the location of the
maneuver terminus is shown in Figure 1)j0. For each second of deviation
from the nominal moment for ignition, the error induced is approximately
2 nautical miles in range and 200 feet in altitude (these values are close
to twice the values obtained in the analysis of lunar landing),

The influence of departures from a gravity turn maneuver, i.e., an un-
desirable angle-of-attack, is presented in Figure 11 . These results
resemble, both qualitatively and quantitatively, the results obtained in
the lunar landing analysis,

The variation of velocity vector angle during the landing maneuver is
shown in Figure 142 for the nominal case and for the ¥ 2 percent thrust
deviation cases, High thrust yields a shorter-duration, steeper descent
as compared to the nominal trajectory, while low thrust prolongs the
propulsive maneuver and extends the range traversed during descent,

For a vehicle deliberately constrained to the nominal angle-vs~time
characteristic, operation at off-nominal thrust creates a situation in
which two distinct errors exist: 1) caused by thrust deviation, and

2) caused by misalignment error, obtained by measuring the distance be=
tween curves in Figure 1), is presented in Figure 143, The time-averaged -
misalignment error is approximately one degree, which yields for 42-percent
thrust (by extrapolating Figure 1)j1) errors of -11,000 feet altitude and
40,25 nautical miles range. These, combined with the errors caused by
excessive thrust, result in overall position errors of =8000 feet altitude
and =4,5 nautical miles range.

A similar disparity in angle-vs-time characteristiics exists between the
nominal case and the early/late ignition cases. The misalignment error is
shown, for L0 second ignition-time errors, in Figure 1};3 ; a time-averaged
value of misalignment is approximately 9.15 degrees. Thus, forced adherence
to the nominal vehicle orientation schedule, in the case of late ignitien,
will add +1700 feet to the altitude error and -0,04 nauntical miles to the

range error,
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Nominal Initial Conditions
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Figure 143 - Thrust Misaligmment Error for Mercury Landing Maneuver
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Corclusions

Snall deviztions from nominal performance of Mercury orbit
landing maneuvers have little effect on propulsion require-
nents far aochieving zero velocity, but hove 2 significant
effect on the position coardinates of the vehicle at the
moment, it conmes to rest. Rerresentative values of displace-
nent from the nominal hover noint are rresented below.

TASLE 11

HOVZR POINT POSITION ERRMRS

Errar Htitude, Range,
feet n ni
+2 percent thrust,
specific impulse constamt +3130 ~4.78
+2 percent thrust,
+2 percent specific impulse +1780 ~3.65
Iznition 22 seconds ezarly -3050 -34.0

+0.5-Cegree misaligmment =5760 +0.13

The propulsion requirements foar translation end descent to
the nominel landing site froz the pesitions indicated above
are on the crder of several thousand ft/sec in most instances,
and therefore carrective neasures such as engine throttling
should be initiated during the main propulsion phase rather
than after reaching the hover point.

To account for altitude deviations introduced by one of the
prorulsion or trajectory errars considered, the nominal hover
position should be on the order of 6000 feet above the Mercury
surface. Any errors in elliptic orbit periapsis altitude,

not evaluated in this study, must also be added to these values.

bR e B DESL 3 S0
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ENGINE PARAMETER OPTIMIZATION

SELECTION OF PROPULSION SYSTEM CHARACTERISTICS

A propulsion system parameter study was conducted tc determine the
optimum designs for propulsicn systems applicable to extraterrestrial
landing missions, The propulsion parameters consicered were chamber

pressure {P.), expansion area ratio (€ ), and thrust chamber mixture
ratio (MR).

Because of the numerous applications of propulsion to various landing
missions and concepts, it was necessary to formulate and analyze a
limited number of prorulsion system models that would represent the
various landing mission requirements, To determine the representative
propulsion systems, ideal velccity and thrust-to-weipht ratio require-
ments, and vehicle gross weight were reviewed, Based on this review,
propulsion system thrust levels from 5,000 to 500,000 pounds were
selected; the lower value is representative of near-future unmanned
landing vehicles, and the larger wvalves are typical of manned ,
interplanetary missions., These values were utilized in conjunction
with the selected thrust-to-weight ratios of 0.2 (typical for an

orbit establishment or departure maneuver) and 0.8 (typical landing-
from-crtit on Mercury, or Mars takeoff)., Mission velocity

increments considered were from €,000 te 72,000 ft/sec, the lower
value corresponding to missions such as a lunar landing-from-orbit
maneuver and the higher value representative of requirements for
injection from an Earth orbit inte interplanetary transfer trajectories
such as a fast Mars trip., Trree propellant combinations representing
the most likely candidates for use in chemical bipropellant propulsion
systems for extraterrestrial landing missions were selected. Oxygen/
hydrogen (0p/Hs) and nitrogen tetroxide/hydrazine-UDMH (NTO/50-50)
were chosen as best suited to near-future applications, and fluorine/
hydrogen (Fp/H,) was selected for somewhat later missions,

A percentage of theoretical shifting equilibrium propellant performance
(vased on the available performance data) was assumed for thrust

chamber rerformance calculaticns, For the pump-fed systems, engine
performance was based on a bipropellant gas generator, parallel

turbine pumping cycle. The engine specific impulse for the pump-fed
systems are shown by Figures1l5, 146, and ly7for Op/Hp, Fp/Hp, and
NT0/50-5C systems respectively. The 02/H2 and F2/Ho engine performance
is given as a function of thrust chamber mixture ratio for various
values of nczzle area ratio and chamber pressure. Engine specific
impulse for the NTO/50-50 systems (Figurells7) is presented as a function

216
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of area ratio for several values of chamber pressure. All engine
systems were assumed to be operating in vacuum conditions, The

low thrm:c* svstems were assumed to be pressure-fed since the payload
gain usually achieved by a pump-fed system is no:

significant for low thrust, low gross weight vehicle applications,
The pressure-fed systems were assumed to use an ablative chamber and
nozzle with a radiatively cooled skirt., All pump-fed systems
utilized fully regeneratively cooled nozzles.

Propellant dependent weights were separated into tank volume and

tank surfzce-dependent weights. Tank volume-dependent weights

consist of tank pressure-shell and pressurization system weights.

All tanks were assumed constructed of titanium except those containing
oxygen and fluorine, which are aluminum, Tank surface-dependent
weight was calculated based on a meteoroid shielding weight of
approximately 2.C 1b/ft<, representative of a consensus
of available estimates.

The characteristics of the basic propulsion system models are
presented in Table 12, ZIecause the models and missions differ

in vehicle gross weight (3 values), thrust-to-(Earth) weight ratio
(2 values), mission ideal velocity increment (3 values), and
propellant conk:nation (3 selections), there are 5L basic medels,

EFFECT CF ASSUMPTIONS

To indicate how scveral pertinent factors influence the optimum
values for nozrlc area ratio, chamber pressure, and mixture ratio,

a brief examination, bas«d on perturtation from a selected nominal
Op/Hy case, was made. The resultant trends are shown in Table 13.
The assumed nominal factors r-nd the resulting Optimum engine
ovarameters 2re indiceted in Case 1., A change in tank weight, Case 2,
(with both the fuel and oxidizer tanks heavier) only
berds to alter the mixture ratio slightly toward more oxidizer. A
“igher F/W (Case 3) results mainly in a lower optimum nozzle area
ritio, since this results in lower nozzle weight for the heavier,
nigher-thrust engine. Reduction in the nozzle design weight factor
(Case li) results in a higher optimum area ratio, and a resulting
lower optimum chamber pressure. The increased interstage weight

for Case 5 reduces the optimum area ratio greatly (and increases Pc)
because with a heavy interstage structure, system weight is particularly
sensibive to v zzle length. Reducing the mission velocity increment
reduces the nozzle area ratio and chamber pressure in the selected
case; however, in general, optimum expansion area ratio for a given
system is highest at a velocity reguirement near gI s the effective
exhaust velocity of the nozzle,

220
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The influence of several otherassumptions is described briefly in
Table 1k .

TABLE 1k

EFFECT OF SYSTEM ASSUMPTIONS ON OPTIMUM OPERATING PARAMETERS

j . 'Asé@tion Effect on Optimum Operating Parameters
Shifting Equilibrium Results in higher area ratios and mixture ratios
Propellant Performance relative to those ottained by frozen composition
performance

Turbopump Efficiency and Higher values will result in higher optimm
Turbine Exhaust Specific chamber pressures

j  Tank Pressure-Dependent  An increase in K, results in a decrease in

i Weight Factor, Kj, optimum chamber pressure
‘ Pressure-Fed Systems
‘ Thrust Chamber Specific The effect is very slight

Impulse Efficiency

PROPULSION PARAMETERS

Two types of optimization analysis were conducted: 1) simltaneous
optimization of all three propulsion parzmeters, and 2) optimization
of chamber pressure and mixture ratio for a nozzle area ratio of 50:1,

Optimum Values,

The optimum parameters for the different engine/mission/propellant combin.
nations are presented in Tables 15 through 20 . Optimizations assuming
the umrestricted nozzle envelope are summarized in Tables 15,16 and 17 |
and for the case of € = 50:1, in Tables 18,19 and 20, In addition
to the optimum parameters, the tank and engine performance for the optimmm
designs are tabulated for each case,

A review of the effect of the mission/system parameters onthe optimum
operating conditions (Tables 15, 16, and 17) yields the following:

: 1, Optimum mixture ratio increases slightly with increasing
) mission veloeity increment,

i e e —— o ——
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TABIZ 1S
LIQUID OXYGEN/LIQUID ﬁmzocsn SYSTEM OPTIMIZATIONS ' ~
UNRESTRICTED AREA RATIO
Optimum Parsmeters Prorellant Dependent Weight Factors,| Engine Thrust Engine
Engine Gross Velocity [ Chamber 'Mixtur; pound/pound Frepellant r:::ﬁ-:, m mr
System Type pounds | pounds | Festjeecond | peta | 0 | Ratto | Oween | Hvrcgen | Bulk. | imeare | Taveenas|**o
6,000 85 6.1 105 0,070 0,529 04135 0.0227 1395 L39.5
3 ‘c‘» ' 6,250 1k, 000 70 6.2 128 0.060 0,1:€0 0.116 0.,0270 LLO.S L1:0.5
< % s é g 5,30 22,000 62 6.k 105 0,053 0.L06 0,101 0,037 L37.k L32[
5 ‘g nggd 6,000 5 | 62 200 0,055 0ulT oaor | oo |z | wrs-
% 3 f § ‘:5 16,666 | 11,000 55 642 200 0.0LL 0.3L0 0,085 0,0628 LL7.3 LL7.3
E é hd 5 3 F 22,000 s 6.l 190 0.0L2 04329 0,081 0.0637 LLS.7 LhS.T
6,000 1100 6.6 1150 0.0L9 0.361 0,092 0,0210 L50.L Lk3.8
62,59 11,000 1150. 6.8 200 0.042 0.321 0,080 . | 0.0235 L53.2 Ll6e3
53,005 22,000 1180 6.9 200 0.0L0 0.303 0.075 0.0235 153.0 u;s.q
6,000 1360 6.8 360 0,038 0.289 0,073 0,031} 1606 L52.3
1 166,666 1 1};,000 1360 649 L350 0.033 0.2L6 0,062 0,0352 62,8 L5k.6
3 . . 22,000 1370 7.0 150 0.031 0.232 0.058 0.0360 L62.7 15L.5
»n 6,000 1180 642 100 0.028 0,199 0.053 0,087 { L6k | k3va
§: €25,33 11,000 1230 6.l -150 ' 0.025 0.173 0.0L6 0.0213 Ls1.L Lh3.8
£3 22,000 1230 6e6 140 0.02L 0.16L 0.0LL 0.0206 150.0 LL2.6
i 50C, 000 i
32 g 6,000 1390 6l 190 0,023 0.157 0.0L3 0.0233 Lsk.? LL6.1
E-r'? “g. 1,666,666 m;ooo 1290 6.l 205 0,021 0.138 0.038 0,02);2 Li55.3 Lh7eh
28 22,009 1290 6.5 200 0,020 0.131 0.036 0.0235 LsLke6 | Lu6.S
o
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TAELE 16

LIQUID FLUORINE/LIQUID HYDROGEY SYSTEM OPTIMIZATIONS
UNRESTRICTED ASFA RATIO

Optimum Parameters Prorellant Dependent wWeight Pactors,| Engine Thrust Engine
. Weight Chamber | Specific
Sine Gross Velocity Chamber Mixture pound/pound Fropellant Factors, Specifie | Impulse,
Thrust Weight Increment Pressure,| Ratio Area pound/pound | Impwlse, | seconds
Systea Type rounds pounds | Feet/second | psia Ratio | minorine Hydrogen 1% thrust seconds ,
6,000 140 17.0 - 150 0,068 0.775 2.108 0.0176 L67.1 | k€T.1
8 ‘3.;_ 6,250 11,000 105 17.0 150 0.5k 0.615 0.085 0.024¢ u6s.5 | k65.5
- < k: §§ § 5,30 22,000 ] 17.1 U5 0.950 0.566 0.078 .027¢ L6hos | LEL.S | ]
% '§; gg é 6,000 105 116.9 20% 9.051 0.578 0.780 0.0310 169.1 | k€S
g g :?g"‘i 16,666 1k, 000 80 16.9 200 0.0L1 0.L:6L 0.6l 0.0LL2 L58.Y- | L68.L
& é»“ 23 22,000 70 17.1 200 0,037 0,122 0,058 0.052k 1167.8 | 67.8 , z
6,000 1550 7.3 | 155 | o0.oko 0.188 0.068 0.0168 u76.5 | k71.0 3.
€2,5% 1,000 1580 a7k | 200 | o3k =] oo 0.057 0.01%0 w19.2 | 1737 3
- 22,000 15840 17.6 200 0.032 0.379 0.95} 0.0150 Lh79.0 | L73.6 ?
o 6,000 1750 17.3 295 0.031 0.364 0.052 0.9225 183.0 | u16.7
3 166,666 | 14,000 1770 17k 1o | o.027 0.3% 0.0l 0.0272 185.9 | 179.6 ;
3 . | 22,000 1750 17.5 390 0,025 0.286 0.0k2 0.7262 L85k | L79.2 a
»E. 6,000 180¢ 17.1 127 0.023 0.251 0.937 0.0159 L7k.5 | L68.2 !
;’.;g 625,320 1k, 000 1780. 17.2 | 153 10,020 0.213 0.032 0.0167 L76.7 | k70.5 B §
gf 50500 22,000 . | 179 17.3 150 | 0.019 0.201 0.031 0.0167 176,k | L70.2 3
T2 § " 6,000 2065 17.1 155 0.018 0.193 0.030 - 10,0179 479.9 | L72.6 ‘
Ehs 1,666,666 m,ooo- ‘ 1835 17.1 203 0.017 0.167 2.026 0.0185 L79.7 | k73.3 J
28 22,000 1885 17.2 203 0.016 0.158 0,025~ b.0187 179.8 | L73.1 4
-

o
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@ o umr w7
5,,, ) N204/¥28, . mDMy (50-50) SYSTEM OPTIMIZATIORS ' _
s UNRESTRICTED AREA BATIO
L ,
: Optimum Parsmeters Prorellant Dependent weight Factors,| Engine Thrust | Engine :
: ' - Weight Chamber | Specifie :
s Engine Gross Velocity Chamber | Mixture : pound/pound Preopellant Factors, Specific | Inpulse, =
;o Thrust Weight Increment | Pressure,| Hatio Area [N pound/pound | Impnlse, | seconds :
f Systen Type pounds pounds | Feet/second | psia Ratio Nz% QHL'-UDIH BMK thrust seconds
6,000 230 2,2 200 0,063 0.107 0,077 0,013k 339.6 339.6
g ¢ 2 6,250 14,000 170 200 0,050 0,086 0,061 0.0185 339.4 3394
3a ¥ 8 22,000 130 100 0.044 0,075 0.05% 0.0172 331.8 33.8
93285 5,000 : : 4
58 s; - 6,000 | 160 320 0.0L5 0.077 0.055 0.0280 3L3.7 3L3.7
[ - [ ]
5 g 8 g R 16,666 1k, 000 130 310 0,037 0.06k 0,045 0.,0353 . | 3L3.3 -3k3.3
@ [1] » T
- £ é v3g g 22,000 100 200 0.033 0.056 0040 0.0358 339.0 339.0
- , 6,000 1670 202 0.028 0.956 0,037 0.0183 - 345.3 339.2 I
i - : 4 , ‘ i
. ’! R - 62,500 14,000 1670 220 0.02L 0.048 0.032 0.0190 346.0 _31;0.0 1 i
- NN I | 22,000 e | | 202 0.023 0.015 0.030 | o.0182 ws.E | 339 Y
; . 000 o
- - %0 6,000 1830 132 0.022 0.042 0,028 0.0267 351.6 3LL.8
i | = 166,666 11,000 1800 k71 0.019 0.936 0,02k | 0.0284 352.2 " 3k5.5 ‘ §
{ § ' 22,000 1830 376 0.018 0.03k 0.023 0.025 |. 350.5 343.7 i
, £ ,j 6,000 1950 155 0,016, 0,028 0.020 0.0175 3L5.2 338.1 §
g K-K . " .
' s 1k,000 1910 202 0.01L 0,025 0.017 | 0.0178 345.5 338.6 1
‘e pe] o 625,000 : i
. Es 22,000 1880 157 0.013 0.023 0.017 0.0162 342.8 3%.1) . i
, 500,000 3
v ,;g ’ _ 6,000 2060 286 0.013 2,022 0.016 0.0205 3L48.5 3h1.0 : : i
: Py : s
i - , ﬁ.?:s 1,666,666| 15000 1990 300 0.011 0,019 0.01L 0.0211 3L9.0 3.6 3‘
. : ds 22,000 1970 1 ! 206 0.011 0.018 0.013 0.0179 3b5.7 338.5 g
5‘ : - ] "4
i & ) i
‘. ;
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TABLE 18

LIQUID OXYGEN/LIQUID HYDROGEN SYST™M CPTIMIZATIONS

EXPANSION ARFA RATIO = 50:1

Optimum Parameters Propellant Dependent Weight Fectors,| Engine Thrust xn.i-. }
. . Weight Chamber | Specaftia -
motve | g | ety [Eemr T | . | tetpemieei o | secttie) e |
Systea Type pounds pounds | Feet/second | psia ' Ratio Oxygen Hydrezen T Bulk thrust seconds : k
6,000 75 5.5 50 0.067 0.L¢5 0,133 0.0200 L29.9 | L29.9
g ig 6,250 1k, 000 60 5.6 50 0.055 0.0 0,129 0.92%% k29.0 | h29.0
73 £3: . 5,2 22,000 56 5.9 50 0.7%1 0,35 02s0 | cuosla | okera |lera 4
é §588% 6,000 56 5.3 50 0.050 0.326 0,122 0.0358 L30.k fh3ok f
a3 a . n 16,666 14,000 L7 Sek 50 0.943 0.320 0.086 0,059 129.7 | L29.7
E é v 3 B 3 22,000 Ll 546 50 0.039 0.2€7 24078 _ 00558 L27.9 ] k2%
6,000 615 5.7 50 0.90L9 0.366 0,058 0.0151 h36.1 | L31.9
62,500 1;,000 610 5.8 50 0.0L2 0.310 0,033 0.0152 435.8 | bL31.9
53,000 22,000 630 5.6 50 0.040 0.293 077 0.0150 L35.0 |L31.0
6,000 550 5.2 50 0.038 0.272 0.077 0.0159 L37.7 | 133.8
3 166,666 | 11,000 160 5.2 50 0.033 0.232 0,066 0.0166 T N PR I
'g . 22,000 550 5.8 50 0.031 0.223 0.061 0.0155 u35.7 | L322
Y 6,000 775 5.k 50 0,028 0.153 0.055 0.0157 137.3 | L32.2
%: 625,020 1k, 000 . 132 Sel: 50 0.025 0.1567 Q.0Le 0,0158 L37.3 | h32.h4
g f 500, 500 22,600 765 5.7 50 0.02L 0.169 0.0L5 0.015h L36.0 | L31.2
!;i g 6,000 756 5.0 50 0.023 0.151 0.cks 0.016 38,4 | 331
Eg ; 1,666,666| 1k,000 685 5.0 50 0.021 0.132 0.040 0.016 h38.3 | h33.5 -
22,000 730 5.3 50 0.020 0.127 0.038 0.158 k37.h | h32.5
227
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g : LIQUID FLOURINE/LIQUID HYDROGEN SYSTEM CPTIMIZATIUES
b EXPANSION AREA RATTO = 50:1 |
;; Optimum Parameters Prorellant Derendent weight Factors,| Engine Thrust Engine
. Weight Chanber | Specifie :
L Engine Gross Velocity Chamber | Mixture pound/pound Frorellant Factors, | Specific| Impulse,
v Thrust Weight Increment Pressure, | Hatio Area pound/pound | Impulse, | secends :
. Systea Type pounds pounds | Feet/second | psis Ratio Fluorine Hrdrogen Pk thrust seconds 2
6,000 110 16.5 50 0.062 0.7% 0.25¢ L0137 Wi7.5  |ukT.5 :
. o . .
L 3 ; - 6,250 | 1k,000 85 16.5 50 0.050 C.572 0.0%0 0.0203. | Lk6.5  {uk6.S 4,
' ?é s :g g & 330 22,000 80 16.6 50 0.cLé C.225 0.273 0.02L3 Lh6.7  |Lk6.T l
«Sa e - :
j ‘g‘ g2 gg'é 6,000 85 6.3 50 0.0L6 0.521 0.07k 0.0213 Lh6.5  |ukb.s _
: k- _ .
e 3 § as ; 16,666 1l;,000 65 16.3 50 0.038 0,L333 0.061 0.0361 LhS.h LS.k 3
: ® : . . \ 3
&<V 3 23 22,000 % 16.k 50 0.038 2.130 | 2.061 0.0369. LL5. 7 JukS.7 }
P ; -‘
‘- ] 6,000 1060 16.6 50 0.039 0.1:86 0.067 0.0122 459.6  fl56.1 3
- . 62,500 | 14,000 1015 16.6 50 0.033 0.L06 0.057 o.0122 | 159.5  [ls6.n y
- ‘ ) ' "4
I - 000 22,000 1005 16.8 50 0.032 2.360 0.053 0.0122 459.3 155.9 :
I Vg ) t
f - 4 : A 6,000 1050 1 16.3 50 0,030 0.363 0,051 0.0122 459.8 L56.3
}‘ " . ) .. . . . R 3
3 166,666 | 14,000 1000 16.3 50 0.026 0.305 0.0LL 0.0122 459.8 456.3 ' S
ko 3 22,000 1060 | 16.8 50 0.025 0.286 0.0k 0.0122 | 159.6  {L56.2 | ;
b . _
: ;-"3‘ 6,000 1350 16.5 50 0.022 0,250 0.037 0.0125 460.3  Ju5S.9 3
B . .
o é o 625,050 | 1h,000 1285 16.L 50 0.020 0.213 0.032 0.012L Léo.3 4S5.9 ?
‘ g‘ . 22,000 1285 16,6 50 04019 0.201 0,030 0.012L 1460.2 155.8 "?
50C, 000 A 3
",, ! : § 6,000 1485 16.3 50 0.018 0.193 0.029 0.0126 L60.8 b55.7.
ﬁg; 1,666,666 11,000 1380 16.3 50 0.016 0.167 0.026 0.0125 = | L60.6 4559
i ’ . ) 3
22,000 1385 16.} 50 0.006 | 0.158 0,025 0.0125 460.6  |hs5.8 1
Y dE e | 1
- | 3
1 e f 4
: % e ‘ g
228 %




ROCKETDWYNE

A OWISION OF NORTM AMEMCRN AVIOTION. ING

| _ TARE 20
 ; ‘ nzoh/nznh.mm (50-50) SYST:M CPTTMIZATIONS
: _ EXTANSION ARFA RATIO = 50:1

r/

: Optimum Paremeters l Prorellant Dependent Weight Pactors,| Engine - Thrust | Engime
b : i » | Veight " Chanber | Specifie
b Engine Gross Velocity Chamber | Mixture § pound/pound Propellant | Factors, Specific ] Impulse,
o Thrust Weight Increment Pressure,|{ Ratio - Area ) pound/pound | Impulse, | seconds |
' System Type pounds pounds | Feet/second | psia - Ratio o0y, Tizﬁh-mﬂ{ BUIK ! thrust seconds
| . 6,000 150 2.1 50 0,053 0,051 0.065 . 0,0107 322.8 322.8
‘ 3 = - 6,250 14,000 120 2.1 50 0.CLL 0.276 0.05k - 0.0150 322.5 322.5 ¢
7 .
3 s ;3. 22,000 12 2.1 5o 2.0l 2.071 0.051 - 0.0170 3224 | 322.4
33885, | oo : g
% 57 88 r 6,000 15 2.1 50 0.039 . | 0,067 0.048 0.0180 322.5 322.5
: .5, pe] § ::' 3 § 16,666 11,000 95 2.1 50 0.033 0.056 0.0L1 - 0.0256 322.2 322.2
: H ) i o
&.f é v 3 3 -4 22,000 85 2.1 50 0.031 - 0.052 0.038 ] 0.0302 322.1 - 322.1
S 6,000 1265 2.2 50 0.028 0.055 0.037 o.018 329.1 325.0
2 62,520 11,000 1255 2.2 50 0.024 0047 0.032 - 0.0118 329.4 - 325.0
22,000 1265 2.2 50 0.023 0,045 0.030 0.0118 329.4 | 325.0
50,000 ~ ﬁf
% ’ 6,000 1325 2.1 50 0.022 0.0lL1 0.028 0.0119 329.7  325.0
5 166,666 | 11,000 1325 2.2 50 0.019 0,035 0,02l o.om19 |329.7 | 325.0
| l 3 ‘ 22,000 1340 2.2 50 2.018 0.03L 0.023 0.0119 329.6 325.0
: 5.’;3 B 6,000 1495 2.2 50 0.016 0.028 0.020 0.0121 330.1 | 325.0
; [ 3 .
;‘! ? 5: €25,320 ].)4,000 1495 2.2 50 0.91; 0,024 0.017 0.0121 3.3'0.1 - 325.0
51 E & 22,606 1520 2,2 50 0.013 0.023 0,017 0.0121 330.1 32h.9
: 8
i e 500,000
- 528 6,000 1615 2.2° 50 0.013 2.022 0.016 0.0122 330.4h 32h.9
o . .
L s:-.? 1,466,666 1L,000 1580 2.2 50 0.011 *0.019 0.01h 0.0122 | 330.3 - 32h.9
* 28 22,000 1655 2.,2- '} 50 | 0-o1 0.718 " 0,013 0.0123 330.5 324.8
;; N
2
>
:

»
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2, Optimum area ratio increases slightly when the thrust-to-
weight ratio is decreased. .

3. The optimum chamber pressure of pressure-fed systems
: decreases as mission velocity increment is increased,

A comparison of the unrestricted nozzle area ratio and the 50:1
area ratio optimizations (for the 50,000 pound thrust model with
F/M of 0,3 and AV of 14,000 ft/sec) indicates that if chanber
pressure and mixture ratio for the unrestricted optimization are
held constant and area ratio is reduced to 50:1, a rayload loss of
5e5 per cent results. If MR is held constant ané Pe is reoptimized

‘when € is reduced, the loss is L8 per cent, If chamber -ressure

is held gonstant (at the optimum value for unrestricted € )and

mixture ratio is reoptimized, the loss is 5.0 per cent. II both

chamber pressure and mixture ratio are reoptimized at the lower
area ratio, the loss is 3.8 per cent, The major loss is thus
caused by the reduction in expansion area ratio, If the reason

for restricting area ratio is to reduce exit diameter, a more
favorable alternative is to increase chamber pressure and thereby
reduce area ratio less., This conclusion is confirmed by work done
under MASA contract NAS 7-16L, and presented in the second quarterly
report of that study.

From the cases analyzed, engine operating parameters may be selected
to yisld near-maximum payload, independent of mission velocity
inerement. Experience from previous studies has shown that the
selected operating parameters become more critical with increasing
mission velocity increment; therefere, if selections are made
independent of AV, the selected values should be near the optimam
values for the higher energy missions, Selected values of engine
operating parameters were taken from the tables of optimum parameters
(Tables 15 through 20 ) and are presented in Tables 21,22 and 23 for
Oo/Hp, F2/H2 and NTO/50-50 propellant combinations respectively. The
parameters selected are average values of the optima for the 1},000
and 22,000 ft/sec missions,

Effect of Off-Optimum Propulsion Parameters

 The effect of perturbing one engine operating parameter, while retaining

the optimum values of the remaining parameters, is shown in Figures 148
through 153, For the indicated propellant combiration, a pump-fed system

© and a8 pressure-fed system are illustrated for a mission velocity increment
_ of 14,000 ft/sec,
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/
TABIE oy
CFEFATING PARAMETER SUMMARY, 02/H2 SISTEMS
System Thrust, | Thrust Chamber Mixture Area
Type 1b Weight Pressure, psia Ratio Ratio
' Ratio
Pressure-fed 5,000 0.8 65 603 110
_ 60 57 50
0.3 55 6.3 200
L7 5e5 50
50,000 0.8 1150 6.8 200
3 620 5.8 50
, 0.3 1360 6.9 L50
: Purp-Fed _ 500 5.l 50
500,000 | 0.8 1230 6.4 140
750 5.5 50
0.3 1300 6.4 200
700 Sel 50
31

FOPW £08.8 { LEDGER) REV. 1.2
-
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TABIE 22
CPERATING PARAMETER SIMMARY, Fo/Ho, SYSTEMS

.

System Tarust, | Thrust Chamber Mixture Area
Type 1b Weight Pressure, psis Ratio Ratio

Ratio
5,000 | 0.8 100 17.1 5
85 16.5 50
Pressure-Fed -
0.3 75 17.0 200
70 16.3 50
50,000 | 0.8 1580 17.5 200
1000 16,7 50

Pump-Fed
0.3 1750 17.4 Loo
1000 16.k 50
500,000 | 0.8 1790 - 17.2 150
1280 16.5 50
0.3 1850 17.1 200
1380 16.3 50
732

FORW 608.8 (LEDGER) WEV. 138
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TAHEE 23

JPESATING PARAMETER SWMMARY, NTO/50-50, SYSTEMS

Syster Thrast, Thrust Chamber Mixture Area
Type 1t I-!%:‘;%Iig Pressure,psia Ratio Ratlo

" Pressure-Fed | 35,000 0.8 150 2.2 150

115 2.1 50

0.3 120 242 250

* 90 2.1 50
50,000 0.8 1700 242 210

1260 22 50

j .

Pump-<Fed 0.3 1800 242 Loo

1330 242 50

500,000 0.8 1900 2.2 180

1500 2.2 50

03 1980 2.2 250

1600 242 50

®>
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This information is summarized in Table 2k which presents the
allowable parameter variation for a 0.5 and a 1,0 per cent payload
loss. The values rresented are for a mission AV & 14,000 ft/sec
and F/W ® 0,3, and based on the condition that the other two para-
meters are maintainzble at their optimum values.

Examination of the dztz shown in the figures and in Table 2)}; indicates
that design at the exact optimum engine . parameters is
not a stringent requirement., Deviation can e pe:mitted without
seriously penzlizing system capability.

Increasing the mission velocity increment increases the payload
sensitivity of the engine design parameters., The effect of mission

AV on the pump-fed 0o/Hp system is illustrated in Figure 149 ; in
addition to the 14,000 <I*/sec mission, 22,000 fi/sec velocity
increment curves are presented.

For a 0.5 per cent payload loss (from the maximum if optimum parameters
are used) chamber pressure can typically vary 30-L0 per cent above

or below the optirum, Mixture ratio can vary 10-15 per cent for

02/Hp or Fp/Hp and about 5 per cent for N0,/50-50. The nozzle
expansion area ratio can vary 30-L0 per cent from optimmum,
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System
Type

0o/H, Pressure-Fed
F = 5000 pounds
F2/H2 Pressure-Fed
F = 5000 pounds
NTO/50~50
Pressure~Fed

F = 5000 pounds
02/Hp Pump-Fed

F = 50,000 pounds
F2/H2 Pump-Fed

F = 50,000 pounds
NTO/50-50

Pump-Fed
F = 50,000 pounds

TARLE 24
EFFECT OF OFF-CPTIMIM DESIGN

Operating Allowable Parameter Increment

Parameter Percent Payload Loss
0.5 1.0
P., psia +25 +35
€ -80 =100
MR +0.9 +1.2
P. +22 135
€ -60 -90
ER t2 Y 3 "3 ® 8
P +10 +60
€ -110 -145
MR +0.13 £0.20
Pc .hso - -550
€ -200 =275
MR +1.0 1.4
Pe =650 =900
€ =230 =270
HR -3 . 2 "h . 6
P. ~600 -800
€ -175 ~230
MR +0.12 +0.18

Mission AV = 11,000 ft/sec, F/W = 0.3, unrestricted area ratio

Optimum
Value

55
200

6.20

80
200
16.90

130
310
2.18

1360
6.90
1770
Lo
17.35
1800

L71
2.21
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